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I. 


SUMMARY 


The Hydrogen Film Cooling Investigation was an extension of a film 
cooling study conducted previously by the Aerojet Liquid Rocket Company 
(Contract NAS 3-14343). The two basic objectives of the program were: 

(1) to experimentally determine the effects of flow turning, flow accelera- 
tion, and supersonic flow on the effectiveness of film cooling, and (2) to 
establish design correlations for these effects using an entrainment model for 
film cooling. The major efforts consisted of laboratory film cooling tests 
with gaseous hydrogen and nitrogen film coolants, correlation of film cooling 
effectiveness data in terms of an entrainment model, and correlation of film 
coolant-to-wall heat transfer coef ficeints . 

The entrainment model approach consists of relating film cooling 
effectiveness to the quantity of hot mainstream gas entrained by the film 
coolant gas. An entrainment fraction is defined which relates the entrainment 
mass flux to the axial mass flux of the mainstream gas. Bulk mixing of the 
two gases is assumed to occur within a mixing layer. Adiabatic wall tem- 
perature and gas composition profiles within the mixing layer are character- 
ized by a shape factor which relates bulk and wall conditions. Film cooling 
effectiveness is defined on the basis of elemental concentration. 

In the laboratory tests, film coolant was injected parallel to the 
walls of instrumented test sections which simulated rocket engine thrust 
chambers. Hot nitrogen flowing from an electrical heater at a temperature of 
810°K (1000°F) and total pressure of 172 N/cm^ abs. (250 psia) simulated 
rocket engine combustion gases. Ambient temperature film coolant was 
introduced in the subsonic and supersonic regions of the test sections. The 
subsonic film coolant was injected at film coolant-to-core gas velocity ratios 
ranging from 0.5 to 1.8. The supersonic film coolant injection conditions were: 
Mach. Number = 1.9, film coolant-to-core gas pressure ratio = 0.45 to 2.0, film 
coolant-to-core gas velocity ratio=0.5 and 2.0. The core gas Mach Number was 2.5 at 
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the supersonic injection point and ranged from 2.1 to 4.5 at the outlet of 
the supersonic test sections. 

Adiabatic wall temperatures, effectiveness values, entrainment frac- 
tions and heat transfer coefficients were calculated from the test data. 
Entrainment fraction correlations which are usable for film cooling design 
calculations were established for accelerating subsonic flow, flow around 
turns, and for supersonic film cooling. The acceleration data and corre- 
lation verify indications obtained in the previous Contract, NAS 3-14343. 

A completely generalized correlation of the turning effect data was not 
achieved; however, a graphical correlation was established which is believed 
sufficient for design purposes. A design correlation for the supersonic 
entrainment fraction data most applicable to supersonic rocket nozzles was 
also established. Actual rocket engine data obtained on another NASA program 
(Contract NAS 3-14354) correlate with the laboratory data. Other effects 
apparent in the supersonic data such as velocity ratio and constant vs vari- 
able mainstream Mach number were not reconciled. Film coolant- to-wall heat 
transfer coefficients were correlated with a conventional turbulent heat 
transfer equation by evaluating physical properties at an arithmetic mean 
temperature and at the wall gas composition. 

Other work performed consisted of: (1) a review of previous super- 

sonic film cooling literature, and (2) analytical predictions of film cooling 
effects in typical t * irust chambers. Results from the previous super- 

sonic film cooling work were used to define the shape factor and high speed 
recovery effects for supersonic film cooling. The analytical predictions 
were made using entrainment fraction and heat transfer coefficient corre- 
lations established during the course of the program. 
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II. 


INTRODUCTION 


The program described in this report was essentially an extension of the 
work performed under a previous contract, NAS 3-14343, at ALRC which is described 
in Reference 1. The present program was designed to provide a more extensive 
evaluation of flow turning effects, flow acceleration effects, and supersonic 
film cooling effects observed during the previous work. The two basic objectives 
of the program were: (1) to determine experimentally the effects of flow turning, 

acceleration, and supersonic injection on the effectiveness of hydrogen film 
cooling in a simulated rocket thrust chamber, and (2) to establish design 
correlations for these effects using an entrainment model. 

The previous work consisted of film cooling experiments and data correla- 
tion. Film cooling data from the literature and from laboratory experiments 
were correlated in terms of the ALRC entrainment model for film cooling. The 
literature data were for plane, unaccelerated, subsonic flow conditions, and the 
laboratory experiments consisted of small scale tests with thin-walled nozzle 
tests sections which simulated film cooled oxygen/hydrogen rocket thrust 
chambers . Hydrogen film coolant effectiveness data and film coolant-to-wall 
heat transfer coefficient data were obtained. The following statements summarize 
the Reference 1 results which are pertinent to the program described in this 
report: 


(1) The subsonic region effectiveness data indicated that the 
plane, unaccelerated flow correlation could be applied to rocket 
engine thrust chambers if adjustments were made in the analytical 
model to account for turning, acceleration, and axisymmetric flow 
effects . 

(2) Turning effects were more significant than anticipated and 
a parameter for correlating turning effects was proposed. 
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(3) A tentative correlation for acceleration effects was 
established. 

(4) The limited film cooling effectiveness data for supersonic 
flow indicated that the effectiveness decrease in the supersonic 
region was much smaller than the effectiveness decrease in the 
subsonic region. 

(5) The film coolant-to-wall heat transfer coefficient data in 
the subsonic region were correlated with a conventional turbulent 
heat transfer correlation. 

The basic testing approach successfully demonstrated during the Contract 
NAS 3-14343 tests was followed in the present program. Hot nitrogen flowing 
from an electrical heater into thin-walled test sections simulated rocket 
engine combustion gases. Ambient temperature hydrogen or nitrogen film 
coolant was injected to flow along the instrumented test section walls. The 
test matrix and nominal test conditions are shown in Table I. 

Correlations for the effects of acceleration, turning, and supersonic 
film cooling on entrainment fraction were established from the test data. 
Analytical predictions for film cooled oxygen/hydrogen thrust chambers were 
then made using the data correlations. Film coolant-to-wall heat transfer 
coefficients in the supersonic region were also correlated. 

The entrainment model, with which the film cooling data were correlated, 
has been under development at ALRC during the last 4 years. Mixing of the 
film coolant and mainstream or core flow gases is assumed to occur within a 
mixing layer. The mass velocity of mainstream gases into the mixing layer is 
represented as a fraction of the axial mass velocity of the main stream. This 
fraction is defined as the entrainment fraction. A description of the entrain- 
ment model is given in Section III of this report. Section IV presents an 
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overview of the program in which the program tasks are summarized. The 
basic test results and the data correlations established from them are 
presented in Section V. Analytical predictions are given in Section VI and 
Conclusions and Recommendations are given in Section VII. Appendices to this 
report contain analytical derivations which supplement Section III, descriptions 
of the test apparatus, and cold flow test results. 
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FILM COOLING TEST MATRIX 
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(3) Steady-state wall temperature measured at each flow rate condition. 

Transient wall temperature data recorded at W , W , W. , W flow rates (film coolant on-off-on). 


III. ENTRAINMENT MODEL FOR FILM COOLING 


A. FILM COOLING EFFECTIVENESS 

In order to determine the effect of film cooling, it is necessary 
to describe the region along the wall in which the characteristics of the 
flow differ from those of the mainstream due to the presence of the film 
coolant and mixing of the mainstream with it. Since the flow in this mixing 
layer is greater than the injected coolant flow, the mixing process can be 
considered to represent entrainment of mainstream flow by the mixing layer 
as shown schematically in Figure 1. In the present model this entrainment is 
represented explicitly, but its effect on conditions at the wall is described 
by means of integral parameters (i.e., without a distributed representation 
of the transport phenomena within the mixing layer). Therefore, while the 
model includes the effect of changing enthalpy and concentration profiles 
within the mixing layer through a profile shape factor, it does not provide 
a basis for profile calculation. 

The film cooling effectiveness used herein is based on element 
concentration and is defined as 


n = 



( 1 ) 


in which c is the elemental hydrogen mass fraction. Using an energy 
transfer - mass transfer analogy, based on a turbulent Lewis number of unity 
and assuming the viscous sublayer at the wall is thin relative to the mixing 
layer, the effectiveness also may be written in terms of total enthalpies: 


n 



H 


o 

e 



- H 


o 

c 


( 2 ) 
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Ill, A, Film Coolant Effectiveness (cont.) 

in which subscript v denotes the edge of the thin viscous sublayer (see 

Figure 1). The adiabatic wall enthalpy differs from H_ only because of the 

v 

imperfect recovery of kinetic energy in the viscous sublayer; this 
high-speed effect is represented in terms of a conventional recovery factor as 

H - H = (1 - p r 1/3 ) (H - H ) (u/u ) 2 (3) 

o aw w o e e 

v e 

in which u is an effective velocity which is related to the velocity at the 
edge of the viscous sublayer in the same way as the freestream velocity for a 
conventional boundary layer. At the coolant injection point u should equal 
the film coolant velocity u , while far downstream it becomes u since the 
mixing layer becomes a conventional boundary layer. Combining Equations (2) 
and (3) gives the adiabatic wall enthalpy as 

H = IT - n (H - H ) - (1 - Pr 1/3 ) (H - H ) (u/u ) 2 (4) 

awo oo w oee 

e e c e 


For thrust chamber application, the local mixture ratio at the 
wall is determined by the coolant effectiveness; from Equation (1), 


MR 

w 


1 + MR 
e 

1 + n MR 

e 


(5) 


Therefore, use of the local adiabatic wall enthalpy and wall mixture ratio. 

Equations (4) and (5), in an equilibrium chemistry model such as Ref. 3 gives 

the local adiabatic wall temperature. For the laboratory testing reported 

herein and in Ref. 1, n ■ c and 

’ w 

H aw “ n H c <V + (l - "> H e <V <6) 


8 


Ill, A, Film Coolant Effectiveness (cont.) 


so that Equation (4) gives the following effectiveness relation in terms 
the measured adiabatic wall temperature: 

T - T - (1 - Pr 1/3 ) (T - T ) (u/u ) 2 
o aw w o e e 

e e 


n 


c 


T - T + 
o aw 
e 




) 

c 


of 


(7) 


The cooling effectiveness n is related to the entrainment flow 
W^, into the mixing layer, the coolant flow and a shape factor describing the 
elemental hydrogen concentration profile in the mixing layer. A hydrogen 
mass balance on the mixing layer gives 


- % 

- 1 w + 

! c E 


( 8 ) 


from which 


W 

c 

e (w c + w E ) 


W E 

e <i + ^) 


c 

with the profile shape factor 0 defined as 


e 



H °e - H °b 



(9) 


( 10 ) 


The present entrainment model is characterized by three regimes: (1) an 

initial free-jet regime in which the mixing effects have not penetrated to 
the wall, (2) a transition regime in which both the effectiveness and shape 
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factor are changing, and (3) a fully-developed regime in which the shape 
factor is constant. In the initial regime the coolant effectiveness remains 
at unity, so that Equation (9) gives the shape factor as 

W E - 1 

6 = U + y“) (unity effectiveness regime) (11) 

c 

It is assumed that 0 in the transition region also depends solely on the 

entrainment flow ratio VL./W . 

E c 

As indicated in Figure 1, the entrainment mass flux velocity is repre^ 
sented as a fraction k of the axial mass velocity of the mainstream. Thus, 
the total entrainment flow up to any contour position is 


x 

W = / 2ir (r - s cos a) k p u dx (12) 

o e e 

A momentum balance on the total nozzle flow should be used to account for the 
effect of the mixing layer on the freestream mass velocity, p g u . However, 
for the sake of simplicity, it is assumed in the present model that the main- 
stream accelerates as if there were no film cooling. A nozzle mass balance 
then determines the mixing layer thickness, s, in terms of the entrainment 
flow and converts Equation (12) into an integral equation (see Ref. 1, 
Appendix A) whose solution is* 




( 



(13) 


*The initial mixing layer thickness s Q is not equal to the slot height s c 
when a finite lip separates the core and coolant flows at the injection 
point. In order to determine s Q , it is assumed herein that the velocity 
ratio u c /u e existing just prior to injection is maintained immediately 
downstream of the slot. 
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in which 


X V 

* = / rf- (J-) k dx (14) 

o v o 

The entrainment model described above contains three parameters 
which remain to be determined: the effective velocity u in Equation (3) which 

characterizes the high-speed effect, the shape factor 0 for the transition and 
fully-developed regions and the entrainment fraction k. These parameters are 
discussed below in separate sections for film cooling in subsonic and super- 
sonic flow regions. In each case our approach has been to determine u and 6 
a priori from existing results and interpret the test data of the present 
program in terms of the entrainment fraction. 

t 1. Film Cooling In a Subsonic Flow Region 

The subsonic version of the entrainment model used herein is 
identical to that developed in Ref. 1. In the laboratory tests of both 
programs high-speed effects are important only after considerable mixing 
occurs, due to the significant distance between the film coolant injection 
annulus and the nozzle throat. Therefore, it is assumed that u = u e , i.e., 
the mixing layer is fully developed when the high-speed effects are of any 
significance. Five groups of existing cooling effectiveness data are 
correlated in Ref. 1 for plane unaccelerated flow covering wide ranges of 
injection velocity ratio and density ratio. Figure 2 shows the resultant 
profile shape factor correlation, with a fully-developed subsonic flow value 
of 0.758 and a transition regime defined by 0.06 < W„/W„ < 1.4. The corres- 
ponding entrainment fractions were found to be independent of axial position 
and are correlated by 
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Ill, A, Film Coolant Effectiveness (cont.) 


k 

o 


0.1 (u /u ) 
c e 



0.25 


( 15 ) 


with f (u /u ) defined in Figure 3. 
c e 

The effectiveness data from the laboratory testing of Ref. 1 
were interpreted in terms of the ratio k/k Q ; i.e., the multiplier required 
to account for coolant injection and nozzle geometry effects not present in 
the plane, unaccelerated flow entrainment fraction, k Q . In a cylindrical 
section downstream of the film coolant injection annulus, the entrainment 
fraction was about 1.6 k Q . A large increase in the entrainment fraction was 
observed in the turn at the start of the convergent section, followed by a 
large decrease in the throat turn. A large increase in entrainment fraction is 
indicative of large increases in the entrainment mass velocity and is undesireable 
since increased mixing of the film coolant and core gas result. Most of the 
expansion section data in Reference 1 were correlated adequately by assuming 
no additional mixing (k " o) beyond the throat. On the other hand, analysis 
of the nozzle effectiveness data of Ref. 4 in terms of an entrainment fraction 
indicated just the opposite turning effects for flow turning when the film 
coolant is more dense than the core flow. 

Data reported in Ref. 1 for a conical chamber indicated flow 
acceleration decreases the entrainment fraction, consistent with the tradi- 
tionally observed decrease in Stanton number. Correlation suggested by the 
work of Deissler (Refs. 5 and 6) correlates the acceleration effect data 
obtained on this program and the data reported in Reference 1. Therefore, 
in the present program, the entrainment fraction has been partitioned as 


I 


I 
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III, A, Film Coolant Effectiveness (cont.) 

with the bracketed term representing the effect of flow acceleration. Evalua- 
tion of the exponent n from conical chamber data is discussed in Section V,B. 

All cylindrical chamber effectiveness data were then interpreted in terms of 
the multiplier k^, which accounts for the effects of coolant injection geometry, 
frees tream turbulence and nozzle geometry. With the above entrainment fraction 
of formulation. Equation (14) for x becomes 


l-2n 1-n 

x = k / A) (f-) 

° o r +o 


k dx 
m 


(17) 


2. Film Cooling In a Supersonic Flow Region 

In this case the high-speed effects of Equation (3) are 
important throughout the test section, so it is necessary to define the 
axial variation of the effective velocity u. This has been accomplished, 
along with formulation of the supersonic mixing layer profile shape factor 0, 
using existing data and analyses obtained from the supersonic film cooling 
literature. The following paragraphs contain a review of the supersonic 
film cooling literature and discussions on the profile shape factor and high 
speed effects. 


a. Review of Supersonic Film Cooling Literature 

Comparison of the various literature sources is complicated 
by lack of a consistent definition for supersonic effectiveness. Since most 
data have been obtained with air injection into air, simple temperature-based 
effectiveness definitions have been used; the inconsistency arises in specify- 
ing the freestream reference temperature. Three such temperatures have been 
used and each has disadvantages. Use of the stagnation temperature ignores 
high-speed recovery effects entirely, so the resultant effectiveness depends 
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i 


on both coolant and freestream Mach numbers. Use of the local recovery tempera- 
ture without film cooling accounts for high-speed effects based on the freestream 
flow, but neglects coolant Mach number effects near the injection point. Use of 
the local isoenergetic wall temperature, measured with the film coolant injected 
at the same stagnation temperature as the freestream (Ref. 7), eleminates all 
high-speed effects from the effectiveness when the latter is obtained with a 
small coolant-freestream temperature difference. However, this approach is not 
of general interest since with a large temperature difference the isoenergetic 
condition changes the coolant injection velocity. Note that the results obtained 
in the present program are of general utility since the high-speed effects are 
presented explicitly and are not involved in the effectiveness definition. 

References 7-11 provide data for gaseous film cooling injected 
parallel to a constant Mach number air flow with the coolant slot and lip 
forming a step discontinuity in the wall. In Ref. 2 gaseous hydrogen coolant 
was injected in the expansion section of a hydrogen/ oxygen rocket nozzle. The 
following table indicates the pertinent parameters for these studies; corres- 
ponding parameters for the present hydrogen and nitrogen coolant tests are 
shown for comparison. 


Ref. 

Freestream 
Mach No. 

Coolant 
Mach No. 

Velocity 

Ratio 

Mass 

Velocity 

Ratio 

Static 

Pressure 

Ratio 

7 

3 

1 

<0.5 

0-0.41 

< 1 and > 1 

8 

6 

1 

0.39 

- 

- 

9 

6 

2.3 

0.62 

- 

1 

10 

6 

1 

0.29-0.35 

0.03-1.6 

< 1 and > 1 

11 

1.5-1. 7 

1 

- 

- 

- 

2 

3. 1-4. 5 

2.6 

0.6 

1.6-2. 5 

1.2 

V 

2.5, 2. 5-4. 5 

1.9 

1.94 

0.14-0.58 

0. 5-2.0 

N * 

2.5, 2. 5-4. 5 

1.9 

0.54 

0.47-2.2 

0. 5-2.0 


* Data presented In this report 
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Unfortunately, the range of coolant injection conditions covered is not sufficient 
to determine the relative importance of static pressure matching vs velocity match- 
ing. In many cases practical limitations on coolant injection velocity prevent 
velocity matching; on the other hand, static pressure matching is possible in 
most applications. 

Schlieren studies reported in Refs. 7 and 9 reveal the flow phenom- 
ena involved due to the interaction of the two flows and the step discontinuity in 
the wall. Due to the flow over the edge of the slot lip there is an expansion 
fan, lip shock, separated region and recompression shock at the reattachment 
point. However, the recompression shock becomes weaker and disappears as the 
coolant mass velocity increases. Beyond this mass velocity, the region of unity 
effectiveness was found in Ref. 7 to increase more rapidly with increasing coolant 
mass velocity, and the effectiveness decrease beyond this region was less 
rapid. Thus, a significant change in mixing characteristics was associated 
with the disappearance of the recompression shock at the reattachment point. 

With the coolant static pressure less than that of the free 
stream, a compression zone at the slot exit was observed in Ref. 9 which 
increased the wall pressure to about three times the free stream static pres- 
sure in some cases. However, this pressure perturbation disappeared within 
3-4 slot heights downstream of the slot exit, a distance well within the length 
of the unity effectiveness region. These results indicate a pressure mismatch 
at injection may not result in a serious degradation of cooling effectiveness. 

With the coolant static pressure greater than that of the free stream, the 
coolant flow was observed in Ref. 7 to expand and then recompress; with larger 
pressure differentials, expansions and compressions occurred alternately in 
both streams. 
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The Mach 6 testing reported in Ref. 8 was repeated using 
direct adiabatic wall temperature measurements instead of heat flux measure- 
ments and the results are given in Ref. 10. This work along with the analyses 
reported in Ref. 12 demonstrated both experimentally and analytically that the 
adiabatic wall temperatures inferred from heat flux data and reported in 
Refs. 8 and 9 are significantly in error due to the effect of film cooling on 
the local heat transfer coefficient. However, it is of interest to compare 
the Ref. 9 results in which the coolant flow was also supersonic, with the 
sonic injection data reported in Ref. 8 for the same frees tream Mach number. 

Longer regions of unity effectiveness were obtained consistently with super- 
sonic injection, and the effectiveness decreased less rapidly downstream. The 
greater cooling effectiveness with supersonic vs subsonic injection is attri- 
buted to the higher velocity ratio and larger slot Reynolds numbers obtained in 
the supersonic injection tests. In the work of Ref. 10 effectiveness data at a 
second, lower coolant temperature were also obtained and this lower temperature 
resulted in a lower injection velocity ratio. Effectiveness values were reduced 
as in the case of subsonic film cooling, with the magnitude of the reduction 
accurately predicted by the boundary layer computer program described in Ref. 12. 
The Ref. 11 film coolant slot had a very thick lip (2-9 slot heights) and pro- 
duced effectiveness data considerably lower than the comparable results of Ref. 7. 

The existing data most pertinent to this program are the ALRC 
data (Ref. 2), the data of Goldstein and co-workers (Ref. 7), and the data of 
Cary and Hefner (Ref. 10). Adiabatic wall temperature data from Ref. 2 have 
been reprocessed using the shape factor and kinetic energy recovery formulations 
adopted herein. Since the isoenergetic wall temperature was used in the effective 
ness definition used by Goldstein, and the difference between coolant and free- 
s tream stagnation temperatures was small, the effectiveness results reported in 
Ref. 7 can be interpreted as identical to the concentration effectiveness of 
interest herein. Unfortunately, the effectiveness defined by Cary and Hefner 
is based on freestream stagnation temperature and cannot be compared with the 
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Ill, A, Film Coolant Effectiveness (cont.) 


other data. However, the NASA-Langley boundary layer analyses (Ref. 12) for a 
pressure ratio of unity are in excellent agreement with the Cary and Hefner 
data and include a species concentration calculation. Figure 4 shows the 
resultant concentration effectiveness as a function of the correlating parameter 
used by Cary and Hefner, with the Goldstein results shown for comparison. Since 
a different correlating parameter (x/mh) was used by Goldstein, his effective- 
ness correlation has been shifted based on the average mass velocity ratio and 
average slot height associated with that data. The rates of effectiveness decay 
are the same, although the Ref. 12 result implies a lower entrainment fraction 
and includes a transition region between the free- jet region of unity effective- 
ness and the power-law decay. These curves imply an increase in entrainment 
fraction with increasing axial distance, whereas comparable subsonic data were cor- 
related in Ref. 1 using an entrainment fraction which is independent of axial posi- 
tion. Figure 4 also shows some of the variable Mach number data from Ref 2, which 
indicate a reduction in entrainment fraction with axial distance. Actual 
entrainment fraction values inferred from Refs. 2 and 7 are compared with the 
data obtained here in Section V,B,3. Note that the success of the correlating 
methods such as shown in Figure 4 over a wide range of coolant flow rates for a 
fixed hardware design indicates that pressure matching between the core and film 
coolant streams may not be critical. 

b. Mixing Layer Profile Shape Factor 

The mixing layer profile shape factor formulation used in the 

present model was developed from the analytical results of Ref. 12. Appendix A 

provides the details of this development, and the resulting correlation with 

entrainment flow ratio is shown in Figure 2. The transition regime between the 

initial free-jet regime. Equation (11), and the fully-developed regime is defined 

b y 0.5 < W /W 2.2. The data reported in Refs. 7-10 indicate much longer 
t c 

regions of unity effectiveness compared with correlations for subsonic freestream 
flow, and this is reflected in Figure 2 in terms of entrainment flow ratio since 


17 


Ill, A, Film Coolant Effectiveness (cont.) 


the transition regime for supersonic flow starts at W /W = 0.5 compared with 

Cj c 

0.06 for the subsonic case. The shape factor analyses of Appendix A also 
yield the entrainment fractions for Refs. 7 and 12 in the fully-developed 
regimes . 


c. High Speed Effects 

The effective velocity u used to account for kinetic energy 

recovery, Equation (3), has been defined in terms of a velocity mixing function 

v (W v /W ): 

E C 


u = u + (u - u ) V (W /W ) (18) 

e c e Ec 

This function was derived from Goldstein’s isoenergetic wall temperature data 
and partially confirmed by the NASA-Langley analytical results (Ref. 12), as 
described in Appendix A. The resultant correlation is shown in Figure 5 ; two 
points from Ref. 12 are shown for comparison. 

The role which imperfect recovery of kinetic energy plays in 
determining the film cooling effectiveness for the constant Mach number tests 
is shown in Figures 6 and 7. Equation (7) is plotted as effectiveness vs a 
dimensionless adiabatic wall temperature for typical test conditions, along with 
the corresponding result (dashed curves) for low-speed flow. Figure 6 is for 
Test Setup 103B data (hydrogen film coolant) ; in this case the injection 
velocity ratio is near two, so the high-speed effect is large initially and 
then decays. Figure 7 is for Test Setup 104B data (nitrogen film coolant); in 
this case the injection velocity ratio is only 0.54, so the initial high-speed 
effect is small. At small values of effectiveness the difference between the 
two curves in Figure 7 is constant and equal to 0.1. For both tests at an 
effectiveness of unity the dimensionless adiabatic wall temperature is near -0.03, 
which corresponds to an actuaJ adiabatic wall temperature 27°F lower than the 
coolant stagnation temperature. 
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Ill, Film Cooling Model (cont.) 


B . HEAT TRANSFER 


The convective heat flux to a non-adiabatic wall with film cooling 
is represented herein as 


q 


G St (H - H ) 
aw w 


p ref /o e 


(19) 


in which is the adiabatic wall enthalpy defined by the cooling effectiveness 
and is the enthalpy of the local gas mixture at the wall at the non-adiabatic 
wall temperature. The gas composition at the wall is also defined by the cooling 
effectiveness. Use of H as the driving enthalpy is based on the assumption 
that the thermal boundary layer due to wall cooling or heating is small relative 
to the mixing layer. 


The Stanton number is correlated by a modified turbulent pipe flow 

equation 

St = c g (x) Re D " 0 - 2 Pr ref "°- 6 (20) 

in which 

C (x) = position dependent correlation coefficient 

s 

Re D = Reynolds number based on flow diameter, P re j GD/p e u ^ 

Pr = Prandtl number 


The reference properties (p , y and Pr) are evaluated for the gas composition at 
the wall defined by the cooling effectiveness and at a reference temperature. 
The reference temperature, selected on the basis of data from Ref. 1, is the 
arithmetic mean of the adiabatic and non-adiabatic wall temperatures. 
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Ill, B, Heat Transfer (cont.) 


It was found in Ref. 1 that the above formulation would allow the 
same correlation coefficients to be used with and without film cooling, except 
near the injection point when the coolant and frees tream velocities are not 
equal . 
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IV. 


PROGRAM APPROACH 


The program consisted of the following tasks: Task I - Preliminary 

Analysis and Design, Task II - Hardware Fabrication and Facility Preparation, 

Task III - Testing, and Task IV - Model Development, Data Correlation, and 
Analytical Predictions. The scope of each of these tasks is explained in the 
following sections . 

A. TASK I - PRELIMINARY ANALYSIS AND DESIGN 
1. Analysis and Test Planning 

The Analysis and Test Planning work consisted of finalizing 
test plans, establishing the necessary component design parameters, reviewing 
the existing supersonic film cooling literature, performing preliminary super- 
sonic model development analyses, and modifying existing computer programs. 

The preliminary supersonic model development consisted of defining the mixing 
layer profile shape factor and the effective velocity characterizing kinetic 
energy recovery; this effort is described completely in Section III and Appendix 
A. The finalized test plan is the test matrix shown in Table I. 

In actual thrust chamber applications, the velocity ratio'*' with 
supersonic film coolants ranges from 0.2 to 0.7. The ALRC supersonic film 
coolant injector utilized on APS thrust chambers with hydrogen film coolant 
(Ref. 2) operated at about 0.5 velocity ratio. In the tests conducted on this 
program with hydrogen and nitrogen, the velocity ratios were approximately 2.0 
and 0.55, respectively. The low nitrogen velocity ratio (0.55) is desirable for 
a laboratory test program because it is within the range of actual thrust chamber 
applications. The high velocity ratio for hydrogen film cooling (2.0) is accept- 
able, but tests at an additional velocity ratio near 1.0 are desirable because 
they would provide a useful supersonic film cooling reference condition. A unity 
velocity ratio is probably more efficient than a non-unity velocity ratio because 
a velocity mismatch may enhance turbulent mixing effects. This certainly has been 
found to be the case with subsonic film cooling. 


1 

velocity ratio = 


u 

c 


u 


e 
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IV, A, Task I - Preliminary Analysis and Design (cont.) 


During the course of finalizing the program test plans, 
testing with a hydrogen/nitrogen mixture as film coolant in the supersonic 
region was considered because this allows injection of the film coolant at a 
velocity ratio of 1.0. The velocity ratio for supersonic film coolant is 
given by the following equation. 


u M 

c c 

— = velocity ratio = — 

u M 

e e 

For the core gas conditions employed on this program, it was 
determined that a mixture of 21.3% hydrogen and 78.7% nitrogen (by weight) would 
result in a velocity ratio of 1.0. Testing with such a H 2 /N 2 mixture appears 
feasible and could be accomplished using a gas mixer unit installed upstream of 
the supersonic film coolant injector. Furthermore, it appears that a cold flow 
injector element design whose hydrogen/nitrogen mixing efficiency has been 
characterized experimentally at ALRC (Ref. 13) could be utilized in establishing 
a mixing device design. 

It was determined that testing with a hydrogen/nitrogen mixture 
film coolant was beyond the scope of this program and consequently no supersonic 
film cooling data with velocity ratio of 1.0 were obtained. Testing at this 
condition is recommended for future work. 

2 . Component Design 

Component design consisted of the mechanical design of the film 
cooling test components and preparation of fabrication drawings. Descriptions 
and drawings of the components are given in Appendix B. A summary of the designs 
established is given below. 
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IV, A, Task I - Preliminary Analysis and Design (cont.) 


1 modification of a Contract NAS 3-14343 conical subsonic 
test section 

1 modification of a Contract NAS 3-14343 cylindrical 
subsonic test section 

2 cylindrical subsonic test sections 

1 subsonic film coolant injector 

2 supersonic flow film coolant injectors 

2 supersonic test sections 
1 diffuser tube 

3 adapter sleeves 

B. TASK II - COMPONENT FABRICATION AND FACILITY PREPARATION 

This task consisted of fabricating the components designed during 
Task I and assembling the film cooling test system. Photographs of the 
completed test components and a schematic drawing of the test system are 
presented in Appendix B. 

C. TASK III - TESTING 

The testing task consists of cold flow tests and film cooling tests. 
The scope of these tests is described in the following two sections. 

1. Cold Flow Tests 


Cold flow tests of the newly fabricated subsonic and super- 
sonic film coolant injectors were performed prior to the film cooling tests. 

The objectives of the cold flow tests were to verify the integrity of these 
units and to establish the circumferential distribution of the film coolant at 
the injector outlet. The test procedure consisted of flowing ambient temperature 
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IV, C, Task III - Testing (cont.) 


^ through the film coolant injectors (no core flow) and measuring total 
pressures within the coolant slot and at the coolant slot exit with a total 
pressure probe. The cold flow test results are presented in Appendix C. 

2. Film Cooling Tests 

a. Testing Approach 

The basic testing approach successfully demonstrated 
by ALRC during the Contract NAS 3-14343 tests was followed. Test facilities and 
test components developed under Contract NAS 3-14343 were used as much as possible. 
The film cooling tests were conducted using thin-walled circular test sections 
which simulated the environment of a film cooled oxygen/hydrogen thrust chamber. 

Hot nitrogen flowing from an electrical heater into the tube at approximately 
810°K (1000°F) and 172 N/cm2 abs (250 psia) total pressure simulated the core 
combustion gases. The use of hot nitrogen core gas provided an evaluation of 
film cooling effectiveness without the super- imposed effects of the mainstream 
or propellant injector and of the combustion process. Tests were conducted to 
evaluate both the subsonic and supersonic flow regions. In the subsonic testing, 
film coolant was introduced upstream of the throat. The supersonic testing was 
performed using both supersonic core flow and supersonic coolant injection. 

Ambient temperature hydrogen or nitrogen film coolant was injected through film 
coolant slots to flow along the instrumented test section walls. Supersonic 
injectors and test sections were attached downstream of the throats of the 
subsonic test sections. In addition to evaluating subsonic and supersonic film 
cooling independently, "carry over" effects were evaluated by monitoring super- 
sonic region thermocouples when the film coolant was injected simultaneously 
in the subsonic and supersonic regions and when film coolant was injected in 
the subsonic region only. 


The subsonic and supersonic test sections were 
instrumented with thermocouples attached to the outside wall. Two distinct types 
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IV, C, Task III - Testing (cont.) 

of test section wall temperature data were obtained: steady-state wall tempera- 

ture data for effectiveness and transient wall temperature data for heat transfer 
coefficients. The steady-state wall temperature data were recorded for each 
film coolant flow rate. Transient wall temperature data were recorded at sel- 
ected film coolant flow rates after steady-state wall temperatures had been re- 
corded. A wall heating transient was obtained by abruptly shutting off the film 
coolant flow. After the wall had achieved steady-state with no film cooling, the 
film coolant flow was rapidly re-established. 

b. Test Matrix 

A total of 34 tests were conducted with 6 hardware setups 
designated as Test Setups 101, 102, 103, 104, 105, and 106. A test is defined 
as one combination of film coolant flow rate, film coolant injector, instru- 
mented test section, and core gas flow conditions. The test matrix is shown 
in Table I. Subsonic and supersonic test components were combined in three 
of the test setups (103, 104, and 105). Different wall temperatures were 
recorded in the subsonic and supersonic tests with these combined setups; 
consequently, the combined setups are referred to in this report as either 
Setup A (subsonic tests) or Setup B (supersonic tests). The test instrumentation 
consisted of approximately 20 wall temperatures, 4 film coolant temperatures and 
pressures (1 each at both flowmeters, 1 each at both film coolant injector mani- 
folds), 1 core gas temperature, and 1 core gas inlet pressure. 

The specific effects investigated with each test setup 
are listed below. The results obtained are presented in Section V,A and 
correlations of the data are discussed in Section V,B. 

(1) Ac celeration Effec ts: The effect of acceleration 

without turning was investigated in Test Setup 105A (hydrogen film coolant). 
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IV, C, Task III - Testing (cont.) 


(2) Turning Effects : Flow turning effects in the sub- 

sonic region were investigated in Test Setups 101, 102, 103A, and 104A using 
hydrogen and nitrogen film coolants. 

(3) Supersonic Flow Effects : Film cooling with super- 

sonic film coolant and supersonic core gas was investigated in Test Setups 103B, 
104B, 105B, and 106. Film cooling at nearly constant core gas Mach number was 
tested in Setup 103B with hydrogen film coolant, and in Setup 104B with nitrogen 
film coolant. Supersonic film cooling with variable core Mach number was in- 
vestigated in Test Setup 105B with hydrogen film coolant and in Test Setup 106 
with nitrogen film coolant. 

c. Test Procedures 

The testing procedures were based on those developed 
during the NAS 3-14343 work. In tests conducted with Test Setups 101 and 102 
(subsonic injection only), and Test Setup 106 (supersonic injection only), the 
test procedure was virtually identical to that followed previously: the hot 

nitrogen core flow was established, then the film coolant flow for the initial 
test was established and adiabatic wall temperature data were recorded when steady 
conditions had been achieved. Similar data were then obtained for the other tests. 
Wall heating and cooling transient data also were recorded in certain tests (see 
Table I). The test procedure for the combined test setups was somewhat different. 
Part A (subsonic injection) was performed following the foregoing procedure, then 
testing was stopped temporarily while thermocouple cables were switched from the 
subsonic test section to the supersonic test section. Part B testing (super- 
sonic injection) was then performed following the same test procedure as in 
Part A. 
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IV, Program Approach (cont.) 


D. TASK IV - MODEL DEVELOPMENT, DATA CORRELATIONS AND ANALYTICAL 
PREDICTIONS 

1. Model Development and Data Correlations 

The Task IV model development and data correlations work 
consisted of: (1) reducing the steady state and transient wall temperature 

measurements into adiabatic wall temperature and heat transfer coefficient data, 

(2) interpreting these data within the context of the entrainment model, and 

(3) establishing design correlations for entrainment fraction and heat transfer 
coefficient. 


a. Data Reduction 

Data reduction consisted of three parts: 

(1) Obtaining heat transfer coefficients and the 
corresponding correlation coefficients. Equation (20), from wall temperature 
transients using the wall as a calorimeter. 

(2) Correcting steady-state wall temperatures with film 
cooling for external heat losses to obtain the adiabatic wall temperature and 
calculating the corresponding film cooling effectiveness from Equation (7). 

(3) Calculating from these effectiveness values the 
average entrainment fraction between successive pairs of thermocouples in each 
axial row. 


Details of Items (1) and (2) have been given in 
Appendix B of Reference 1 and evaluating entrainment fractions follows directly 
from the model of Section III. Effectiveness values for the nitrogen film cooled 
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IV, D, Task IV - Model Development, Data Correlations and Analytical 
Predictions (cont.) 

test setups (101, 104A, 104B, and 106) were based on a film coolant injection 
temperature which was corrected for preheating effects inside the film coolant 
annulus. The correction for subsonic injection was based on the measurements 
made with Test Setup 104A (measurements tabulated in Section V. A.) while the 
correction for supersonic injection was obtained analytically. It was found 
that only the initial entrainment fraction, i.e., the value between the in- 
jection point and the first thermocouple, was affected by the inlet temperature 
correction, and even this effect was usually small. It was determined that no 
corrections were necessary for the hydrogen inlet temperature, consequently the 
hydrogen effectiveness values were calculated using the film coolant injector 
manifold temperature as the inlet temperature (this is consistent with 
Reference 1) . 


The data reduction sequence was as follows : the heating 

transient in each test was analyzed first to determine simultaneously the core 
gas-to-wall heat transfer coefficients (no film cooling) and the external heat 
loss coefficients; the latter were then used in analyzing the cooling transients 
and the steady-state wall temperatures with film cooling to determine effective- 
ness and film coolant-to-wall heat transfer coefficients. 

b . Data Interpretation and Correlation 

Interpretation and correlation of the entrainment fractions 
and heat transfer correlation coefficients are discussed below. 

(1) Subsonic Film Cooling 

Data from the conical chamber (Test 105A) were pro- 
cessed first in order to determine the acceleration exponent n in Equation (16), 
the subsonic entrainment fraction model. in processing subsonic effectiveness 

data, n is specified and the entrainment fraction multiplier k is calculated. 

m 

Conical chamber data were processed with n = o. so that a fictitious k' was 
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IV, D, Task IV - Model Development, Data Correlation and Analytical 
Predictions (cont.) 


generated with acceleration effects included. Assuming the flow is one 
dimensional. Equation (16) yields 


k' - k 
m m 


r 


r 

o 


2n 


( 21 ) 


Since there are no turns in this chamber, entrainment fraction changes are 

caused solely by acceleration; i.e., k is constant and k' data give the 

m m 

acceleration exponent n directly from Equation (21). The resultant value of n 
was then used to process all other subsonic effectiveness data; some data from 
References 1 and 4 were reprocessed in this manner for use in correlating 
turning effects. 


Data from the cylindrical chambers were interpreted 
in terms of entrainment fraction multipliers for turning effects by defining a 
turning multiplier as 


k _ (k m ) in turn or after turn 

tUrn (k ) before turn ^2) 

m 

Correlation of these factors using the turning parameter developed in Reference 1 
was then investigated. 


(2) Supersonic Film Cooling 

Absolute values of the entrainment fraction k were 
determined from the supersonic effectiveness data since no general reference 
correlation was available. A general correlation of these results was not 
possible within the scope of this program, however, a correlation of the 
variable Mach number entrainment fractions with nitrogen coolant and the data 
of Reference 2 was obtained using a dimensionless axial coordinate similar to 
those used in References 7 to 10. This correlation provides a basis for nozzle 
applications over a narrow range of injection velocity ratio. 
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IV, D, Task IV - Model Development, Data Correlation and Analytical 
Predictions (cont . ) 


Heat transfer correlation coefficients were checked 
to determine if values without film cooling could be used with film cooling at 
some distance downstream of the injection point, as was the case with the 
present model in the subsonic case, and to investigate coolant flow effects 
near the injection point. 

2 . Analytical Predictions 

Analytical predictions of film cooling requirements for a 
completely film cooled thrust chamber, and for the effect of film cooling on 
the wall temperature of a regeneratively cooled thrust chamber were made using 
entrainment fraction and heat transfer coefficient correlations developed on 
this program. These predictions are described in Section VI of this report. 

The film cooling requirement predictions were made for the subsonic region of 
a typical Space Shuttle APS thrust chamber. A range of thrust, chamber pres- 
sure, mixture ratio, and film coolant inlet temperature operating conditions 
were considered. The wall temperature predictions were made for the subsonic 
and supersonic regions of a proposed ^ 2^2 ^P ace Shuttle Tug thrust chamber. A 
range of film coolant flow rates and thrust levels were considered. 
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V. 


EXPERIMENTAL RESULTS AND DATA CORRELATIONS 


A. EXPERIMENTAL RESULTS 

The direct experimental results of the film cooling tests are 
presented in this section. The test conditions for all tests are summarized 
in Table II. The adiabatic wall temperatures, effectiveness values, and local 
heat transfer coefficients are presented in Figures 8 to 33. Heat transfer 
correlation coefficients for the supersonic test sections are given in Table III. 
Experimental Mach numbers for the supersonic tests are shown in Table IV. The 
test conditions and components utilized with each test setup are briefly summa- 
rized in the following paragraphs. Details of the test components and the test 
system are given in Appendix B. 


Test Setup 101 
(Figures 8, 9, 10) 

During the testing with Test Setup 101, experimental adiabatic wall 
temperature distributions were measured downstream of the film coolant slot 
where ambient temperature N film coolant was injected at four velocity ratios 
(0.62, 0.87, 1.12, 1.41). The thin slot subsonic injector and 30°-IR subsonic 
test section were major components in this test assembly (both components 
residual from NAS 3-14343) . The adiabatic wall temperature distributions 
determined from the Test Setup 101 data have the same general appearance of the 
distributions obtained with cold hydrogen film coolant and the thin slot 
injector on the previous test program (Ref. 1). 

Test Setup 102 
(Figures 11, 12, 13) 

2 

The Test Setup 102 assembly consisted of the 30°-2R subsonic test 
section fabricated on this program, and the thick slot height subsonic injector 
(residual from NAS 3-14343). Testing was accomplished using ambient hydrogen 

1 30° convergence angle, reference turn radii as shown in Figure Bl. 

2 

30° convergence angle, turn radii increased by a factor of two. 


V, A, Experimental Results (cont.) 


film coolant. Steady-state wall temperature data were obtained at three 
velocity ratios(0.81, 1.12 and 1.8). Heating transient and cooling transient 
data also were obtained at the 1.12 velocity ratio. The nitrogen core gas 
temperature was about 883°K (1130°F) which is higher than planned; however 
this does not compromise the value of the data. 

Test Setups 103A and 103B 

(Figures 14, 15, 16 (Part A), and Figures 17, 18, 19 (Part B)) 

Ambinet temperature hydrogen film coolant was used with test Setups 
103A and 103B which were the first combined subsonic and supersonic test setups. 
The hardware consisted of the thick slot subsonic injector, the 15°-2R subsonic 
test chamber, the cylindrical supersonic injector, and the cylindrical super- 
sonic test section. In the Test Setup 103A tests, wall temperatures on the 
subsonic test section were measured at steady state with subsonic film coolant 
injection at three velocity ratios of 0.785, 1.03, and 1.30. Heating and 
cooling transient data also were recorded at 1.03 velocity ratio. 

Prior to Test 103B, thermocouple connectors were rearranged so 
that thermocouples attached to the cylindrical supersonic test section would be 
recorded. Tests were conducted in which steady-state wall temperature distri- 
butions along the supersonic test section were measured at the following 
conditions : 

(a) Simultaneous subsonic and supersonic injection (subsonic 
injection at 1.03 velocity ratio and supersonic injection 
at 0.88 static pressure ratio); 

(b) Supersonic injection at 0.94 static pressure ratio; 

(c) Supersonic injection at 1.87 static pressure ratio; 

(d) Supersonic injection at 0.5 static pressure ratio. 


32 


V, A, Experimental Results (cont.) 


Heating and cooling transient data also were recorded at the (b), (c), and (d) 
conditions noted above. The core flow Mach number at the injection point was 
2.5. The Mach number near the test section exit ranged from 2.44 (no super- 
sonic injection) to 2.23 (Condition (c)). 

Test Setups 104A and 104B 

(Figures 20, 21, 22 (104A) , and Figures 23, 24, 25 (104B)) 

Ambient temperature nitrogen film coolant was used with Test Setups 104A 
and 104B. The test assembly was the same as in Setups 103A and 10 3B except that 
the thin slot subsonic injector (tested previously as part of Test Setup 101) 
replaced the thick slot subsonic injector. Subsonic test chamber wall tempera- 
tures were measured in tests with Test Setup 104A. Four velocity ratios were 
tested, 0.62, 0.87, 1.13, and 1.4. Steady-state wall temperatures were measured 
at each velocity ratio, and heating and cooling transient data were obtained at 
1.13 velocity ratio. 

During the tests conducted with the 104A Test Setup, nitrogen film coolant 
outlet temperatures were measured using a 0.0127cm(0. 005-in.) diameter sheathed 
chromel alumel thermocouple. The thermocouple was installed in a thin copper 
ring which was positioned downstream of the film coolant injector outlet. The 
thermocouple junction protruded into the film coolant slot about 0.025cm(0. 010-in.) 
and did not touch the walls of the film coolant slot. The measured outlet tempera- 
tures and corresponding measured manifold temperatures are listed below. 


Subsonic Nitrogen 

Nitrogen 



Film 

Coolant 

Manifold 



Flow 

Rate 

Temperature 

Outlet 

Temperature 

kg/sec 

lbm/sec 


11 


H 

0.035 

0.077 

298 

76 

346 

162 

0.052 

0.1145 

292 

66 

328 

130 

0.069 

0.1525 

288 

59 

318 

111 

0.086 

0.1899 

287 

56 

315 

107 
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V, A, Experimental Results (cont.) 


Supersonic nitrogen film cooling tests were conducted using Test Setup 
104B (supersonic test section instrumented) at the following conditions: 

(a) Simultaneous subsonic and supersonic injection (carryover data) ; 

(b) Subsonic injection only at velocity ratio = 1.13 (carryover data); 

(c) Supersonic injection at 0.95 static pressure ratio; 

(d) Supersonic injection at 1.8 static pressure ratio; 

(e) Supersonic injection at 0.45 static pressure ratio. 

Steady-state wall temperatures were measured at all of these 
conditions. Heating and cooling transient data were obtained at conditions (c) , 

(d) , and (e) . Core Mach number near the test section outlet ranged from 2.45 
(no supersonic injection) to 2.31 (condition (d)) as shown in Table IV. 

Test Setup 105A and 105B 

(Figures 26, 27, 28 (Part A) and Figures 29, 30, 31 (Part B) 

This test assembly consisted of all the conical components fabricated 

on this program (subsonic test section, subsonic injector, supersonic test section, 

supersonic injector). The aft end of the hardware assembly was attached to a 

2 

cylindrical tube diffuser so that a static pressure of about 0.7 N/cm abs (1.0 psia) 
could be maintained at the supersonic test section outlet. Testing was 
accomplished using ambient temperature nitrogen film coolant. 

In the three tests conducted with Test Setup 105A, steady-state wall 
temperatures were measured in the subsonic chamber with subsonic hydrogen 
film coolant injected at three velocity ratios (0.76, 1.0 and 1.27). Heating 
and cooling transient data also were obtained at the 1.0 velocity ratio. The 
Test 105A data are considered quite adequate for evaluating acceleration effects. 
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V, A, Experimental Results (cont.) 


In the 105B tests, steady-state, heating transient, and cooling 
transient wall temperature measurements were made on the conical supersonic 
test section when hydrogen was injected through the supersonic injector at 
core-gas-to-film coolant static pressure ratios of about 1.0, 2.0 and 0.5. In 
addition, steady-state wall temperatures in the supersonic test section were 
measured with subsonic film coolant carryover (with and without supersonic 
injection) . 


The heating and cooling transient data adequately describe the heat 
transfer coefficients with and without film cooling. However, the hydrogen film 
coolant was so effective that the increase in adiabatic wall temperature along 
the nozzle length was quite small. The measured wall temperature increase 
ranged from about 17°K (0.5 pressure ratio) to about 3°K (2.0 pressure ratio). 

Test Setup 106 
(Figures 32, 33) 

After a review of the test data obtained with Test Setup 105B, 
it was determined that sufficiently large axial wall temperature gradients 
could be obtained by repeating the 105B tests with nitrogen supersonic film 
coolant instead of hydrogen. This was done in Test Setup 106. Steady-state 
wall temperatures were measured at 0.55, 1.04, and 2.0 pressure ratios. The 
axial temperature gradient in these tests ranged from 55 to 100°K (100 to 180°F) . 
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B. DATA CORRELATIONS 

1. Acceleration Effects 


Flow acceleration effects were found to decrease the entrain- 
ment fraction. Data from the conical chamber, Test Setup 105A, were used to 
determine the acceleration exponent n in the entrainment fraction formulation 
of Equation (16). As described previously in Section IV,D,1, the artificial 

2 

entrainment fraction multiplier k 1 obtained with n * 0 was plotted vs (r/r Q ) ; 
a linear fit on log-log coordinates represents the proposed acceleration model, 
with the slope equal to the exponent n. Figure 34 shows the Test 105A data 
plotted in this manner, along with the conical chamber data of Ref. 1. The 
first entrainment fractions downstream of the injection point are omitted for 
the data of Ref. 1 since they are influenced by a turn. The two sets of data 
are in reasonably good agreement, and are well represented by the linear relation- 
ship of the proposed model. An acceleration exponent of 0.65 was obtained from 
the correlating line of Figure 34. This is in good agreement with the value of 
0.59 indicated by Deissler, (Refs. 5 and 6), for turbulent transport phenomena 
in a homogeneous fluid. The value of 0.65 from Figure 34 was used in interpreting 
all remaining subsonic data. 

2 . Turning Effects 

Entrainment fraction multipliers, in Equation (16), were 
calculated from the appropriate subsonic effectiveness data. These multipliers 
account for film coolant injector perturbations, turning effects and any other 
phenomena not represented by the above acceleration correlation and the entrainment 
fraction k Q for plane, unaccelerated flow with continuous injection slots and 
thin slot lips. Figures 35 and 36 give the resultant multipliers for Setups 102 
and 10 3A, respectively, which extend the hydrogen cooling data of Ref. 1 to new 
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convergent section geometries. Cylindrical section multiplers are consistent 

with the results of Ref. 1. Figure 35 indicates an entrainment fraction in 

this region equal to about 1.5 k Q , while Figure 36 gives a slightly larger 

value; the effectiveness data of Ref. 1 were correlated by 1.6 k . The 

o 

significant increase in entrainment multipler in the turn at the start of 
convergence, which motivated the additional subsonic testing of the present 
program, is clearly evident in both figures. Figure 36 shows a very large 
reduction in entrainment in the 15° throat turn, while Figure 35 indicates a 
small reduction in the 30° throat turn. Correlation of turning effects is 
considered later in this section. Entrainment fractions in the supersonic 
transition section of Setup 103A, Figure 36, are approximately equal to those 
in the subsonic cylindrical section. 

Figures 37 and 38 give the entrainment fraction multipliers 
for Setups 101 and 104A, respectively, which utilized nitrogen film coolant with 
the 0.038 cm (0.015— in.) slot coolant injector. Both figures show much higher 
multipliers in the cylindrical section than those noted above for hydrogen 
with a 0.153 cm (0.060-in.) slot height. This is attributed to the coolant 
injector lip which separates the two flows; it is 0.051 cm (0.020-in.) thick 
in each case, so that the ratio of lip thickness to slot height is much greater 
for the nitrogen data. A lip which is thick relative to the slot height is 
known to decrease the effectiveness (increase entrainment) for plane, unacceler- 
ated flow. Ref. 14. The initial entrainment fraction multipliers of Figure 37 
are higher than those in the rest of the cylindrical section; this may be the 
result of underestimating the preheating of the coolant. Figure 38 shows a 
large reduction in entrainment fraction in the 15° turn at the start of 
convergence, consistent with the data of Ref. 4 and the hypothesis of Ref. 1. 
This hypothesis attributes the turning effects to imbalances in centrifugal 
forces resulting from density differences between the coolant and core flows. 
Since the nitrogen coolant is heavier than the core flow, while the hydrogen 
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coolant of Setups 102 and 103A is lighter, the opposing turning effects 
exhibited by Figures 36 and 38 (same hardware) are to be expected. Figure 37 
shows a smaller reduction in entrainment fraction in the 30° turn at the start 
of convergence compared with the 15° turn of Figure 38. 

Analysis of individual thermocouple rows and test conditions 
for the results of Figures 37 and 38 does not reveal a consistent trend due to the 
throat turns . This results from an accuracy problem with the basic nitrogen 
data which is most acute in the convergent section. Part of the problem is the 
much higher wall temperature obtained compared with hydrogen for a given 
effectiveness. These high temperatures result in greater external heat losses, 
so that any error in correcting for these losses to obtain the adiabatic wall 
temperature is more significant. In addition, the reduction in entrainment in 
the turn at the start of convergence, as noted above, results in very little 
change in effectiveness in the convergent section as illustrated in Figures 9 
and 21. Since each entrainment fraction is related to the difference in two 
adjacent effectiveness values, any error in effectiveness is greatly magnified 
in terms of the entrainment fraction in such a situation. Therefore, the throat 
data from Test Setups 101 and 104A have not been used in the turning correlation 
effort described below. 


A parameter for correlating turning effects was proposed in 
Ref. 1, and its use has been continued herein. This parameter is based on the 
ratio of the differential centrifugal force resulting from the density difference 
across the mixing layer to the turbulent shear in the mixing layer; it is 


2 


P "P 
e K w 

P +P 

e w 


R 


(23) 


in which s is the mixing layer thickness at the start of the turn and R is the 
turn radius of curvature. R is taken to be positive at the start of convergence 
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and negative in the throat. Turning multipliers for the entrainment fraction 

were defined by dividing the overall multipliers of Figures 35-38, either 

in the turn or after the turn, by the multiplier immediately upstream of the 

turn as noted in Equation (22). All throat values except those from Ref. 4 

are based on the average multipliers in the turn. This definition is of 

greatest interest for application purposes and was a necessity considering 

the nature of the data. However, most multipliers for the turn at the start of 

convergence are based on the k value after the turn, i.e., the average in the 

m 

cone; again, this definition is the one of most practical interest. In some 
cases the nature of the data necessitated alternate definitions at the start of 
convergence, with the numerator of Equation (22) based on the average k^ in the 
turn, turn plus cone or turn plus half the cone (cold hydrogen data of Ref. 1) . 
Table V summarizes all data considered in the turning correlation study, 
including those from Refs. 1 and 4. 

Figure 39 shows the turning multipliers as a function of the 
above turning parameter*. Since four groups of results are obtained, it is 
apparent that the proposed parameter is not sufficient to correlate turning 
effects. Each group of results is discussed below, with the group number 
corresponding to that shown on Figure 39. 

(1) These results represent a broad range of conditions. 

Most are for hydrogen coolant in the turn at the start of convergence, but 
with both 15° and 30° turn angles. However, nitrogen data in both types of 
turns are included also. Since the throat turn results of Ref. 4 are defined 


^Average values from the two thermocouple rows are presented for the current 
tests unless different definitions were used for each row. 
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on a local basis, all but two points in this group are defined consistently. 

For positive values the correlation parameter accomplishes its desired goal of 
correlating turning effects independent of turn angle and of the sign of -p . 

(2) All points in this group are for hydrogen in a 30° 

throat turn. 

(3) This group is similar to the second in turning multiplier 
definition and turn angle; however, it is for nitrogen at the start of conver- 
gence. Therefore, Groups 2 and 3 indicate that for negative values of the 
proposed correlation parameter, it is necessary to distinguish between positive 

and negative values of p -p . 

e w 

(4) This group indicates that it also is necessary to add a 
turn angle effect when the correlation parameter is negative, since this group 
is for a 15° turn. Although both hydrogen throat turn and nitrogen convergent 
turn data are represented, it cannot be concluded that these results would be 
correlated by the same curve. The hydrogen data are shown schematically since 
all but one in six were actually negative; additional points for Tests 104A ( 0 ) 
were also negative. The nitrogen data of Ref. 4 shed some light on the turn 
angle situation, since three results are included in Figure 39 for the turn at 
the start of convergence. Local results at approximately 15° are lowest and 
well below unity. Continued turning then increases the local entrainment 
fraction since the average value over a 35° turn is higher and the local value 
after 35° is still higher. 

It should be remembered that turning effects are being inter- 
preted here solely in terns of the entrainment fraction; it is possible that 
the mixing layer shape factor is also altered in a turn. 
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3. Supersonic Flow Effects Data 

a. Supersonic Effectiveness 

(1) Constant Mach Number 

Data were obtained with the constant Mach number test 
section for both hydrogen and nitrogen coolants thereby obtaining injection 
velocity ratios of about 1.94 and 0.54, respectively. In each case three static 
pressure ratios were run (approximately 0.5, 1.0, and 1.8); six different entrain- 
ment fraction characteristics resulted. The most interesting comparison with 
existing effectiveness data is between the hydrogen data for a pressure ratio of 
0.50 and the correlation from Ref. 7. This comparison is shown in Figure 40. 
Except for the first axial position the hydrogen data parallel the correlation 
of Ref. 7, although falling slightly below it. These are the only data from 
the present program which exhibit the effectiveness decay characteristics of 
existing data. The results of Ref. 12 show this same type of decay, although 
Figure 41 shows that these effectiveness values are considerably above the 
present hydrogen data. Both figures include the present nitrogen data for a 
pressure ratio of 0.45 for comparison purposes; the nitrogen data approximate 
the injection velocity ratio of Ref. 7. 

Data for other pressure ratios were not shown on Figures 
40 and 41 since they do not collapse into a single correlation. This is apparent 
for the hydrogen data from Figure 42, which shows a decreasing slope with 
increasing pressure ratio; the corresponding entrainment fractions are shown in 
Figures 43-45. For a pressure ratio of 0.50 the entrainment fraction increases 
axially similar to the result inferred in Appendix A for Ref. 7, which is 
included in Figure 43 for comparison. With approximate pressure matching. 

Figure 44, the entrainment fraction decreases slightly with axial position, 
starting from a value close to that for a pressure ratio of 0.50. Figure 45 is 
for a pressure ratio of 1.87; entrainment fractions are initially similar to 
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those for the previous pressure ratios, but then show a significant increase 
followed by an abrupt drop to values equal to or less than the corresponding 
pressure-matching entrainment fractions. The trendlines shown on Figures 43-45 
were used to calculate entrainment flows in order to show the effect of entrain- 
ment fraction data scatter on effectiveness prediction. Figure 46 shows the 
hydrogen effectiveness data as a function of the resultant entrainment flow 
ratios; the curve shown is the model of Section III. 

Some of the entrainment fraction characteristics of 
Figures 43-45 are consistent with the flow phenomena which would be expected 
as the two supersonic flows interact. Entrainment fractions in the first few 
inches are lowest with pressure matching, and in this case there is little varia- 
tion throughout the length of the test section. It is of interest to note that 
these entrainment fractions are about equal to those obtained in the cylindrical 
section for subsonic injection with velocity matching using the 0.060-in. slot 
coolant injector (hydrogen data). The increase in entrainment fraction starting 
about 40 slot heights from the injection point for both cases with static pres- 
sure differences is presumably caused by expansion of the high pressure flow and 
its resultant interaction with the other flow. This effect must penetrate to 
the wall and thus is not seen in the initial entrainment fractions. Cause of 
the sharp reduction in entrainment fraction after about 150 slot heights with 
high pressure coolant, Figure 45, is not clear. 

Figures 47-49 give the entrainment fractions for the 
nitrogen data of Test 104B; Figure 47 includes the values inferred from Ref. 7 
for comparison. Only one row of data is shown, since a number of thermocouples 
in the other row were not operational for this test; these other entrainment 
fractions indicate the same trends but are slightly greater in magnitude. 

Initial entrainment fractions increase slightly with pressure ratio and are 
roughly double the values for the hydrogen data discussed above. The latter may 
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be due to the different injection velocity ratios in each case: 0.54 for 

nitrogen compared with 1.94 for hydrogen. For each nitrogen coolant pressure 
ratio the entrainment fraction is approximately constant for 120-150 slot 
heights, decays to about half the initial value at 250-300 slot heights and 
finally undergoes a rapid increase. Thus, the pressure ratio and axial position 
characteristics have nothing in common with the hydrogen data. 

(2) Variable Mach Number 

Figure 50 shows the entrainment fractions for all three of 
the setup 105B pressure ratios which used hydrogen coolant in the variable area 
supersonic test section. Results for all three pressure ratios are about the 
same. Initial values are slightly lower than the corresponding results for 
constant Mach number. Figures 43-45. However, a rapid decay follows to a level 
about one-third the initial value, except for an increase at the 0.71 cm (1.8 in.) 
axial position. 


Setup 106 with nitrogen coolant approximates the injection 
velocity ratio of the hot firing data of Ref. 2. Figure 51 compares all effective- 
ness data from Setup 106 with ambient hydrogen data from Ref. 2 using the axial 
coordinate X^/m s^; accounts for core mass velocity variations and is derived 
from Equation (14) with an entrainment fraction of unity. It is noted that the 
data of Setup 106 for various pressure ratios collapse into a single curve fairly 
well using this coordinate. In addition, all results except for the last two or 
three locations for a pressure ratio of 0.56 are consistent with the data of 
Ref. 2, which were obtained with a pressure ratio slightly greater than unity. 

Figures 52-54 give the entrainment fractions for Setup 106. 
For a pressure ratio of 0.56, Figure 52, the entrainment fraction is approximately 
constant and only slightly lower than the initial value for the corresponding 
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constant Mach number case. Figure 47. For static pressure matching. Figure 53, 
the entrainment fraction decreases gradually with axial position. Initial 
values are somewhat lower than for the constant Mach number case, Figure 48, 
but are slightly higher than for a pressure ratio of 0.56. Initial entrainment 
fractions for a pressure ratio of 2.01, Figure 54, are again slightly lower than 
in the constant Mach number case. Figure 49, and are slightly higher than for 
pressure matching. At this pressure ratio the initial entrainment fraction is 
maintained for about 0.6 cm (1.5 in.)., followed by a significant decay; this 
trend is similar to the first part of Figure 49 and covers about the same entrain- 
ment fraction range. The trendlines in Figures 53 and 54, along with a constant 
entrainment fraction of 0.027 for the data of Figure 52, were used to predict 
entrainment flow ratios ; the resultant effectiveness correlation is shown on 
Figure 55, with the curve representing the supersonic model of Section III. 

As noted above, Setup 106 with a pressure ratio of unity 
approximates the injection conditions of Ref. 2. Figure 56 shows a correlation 
of the corresponding entrainment fractions using the dimensionless coordinate of 
Figure 51. The results of Ref. 2 represent an excellent continuation of the 
Test 106B data. Since some of the present data for other pressure ratios are 
also in reasonable agreement with Figure 56, this correlation is recommended for 
nozzle design purposes when the coolant injection velocity ratio is 0.5-0. 6. 

Based on extrapolating a linear version of Figure 56 to an axial coordinate of 
zero, the following correlation is recommended for small values of x^/m s c : 

k = 0.038 

1 + 0.0176 fl_ 
ms 

c 


X 1 1 13.4 (24) 

ms 

c 
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(3) Carryover Effects 

The effects of using subsonic and supersonic film 
cooling simultaneously were studied in Setups 103 and 104. Test Setup 104 also 
included data in the supersonic test section when the only coolant was from 
the subsonic injector. An essentially constant effectiveness resulted, as 
shown in Figure 57. Also shown in Figure 57 are the effectiveness values with 
supersonic cooling only and with both coolant flows. These results show that 
the carryover from subsonic coolant can significantly increase the effectiveness 
in the supersonic section. A similar result was obtained in Setup 103 as shown 
in Figure 58, although the increase due to carryover is smaller since the 
effectiveness upstream of the supersonic injection was smaller. 

Since the subsonic injection effectiveness was constant 
in the supersonic test section, a simple model for synthesizing carryover effects 
was investigated. This model postulates that the effectiveness for supersonic 
cooling only still applies with carryover provided the frees tream species con- 
centration is replaced by that obtained at the wall when only the subsonic 
coolant is utilized. Such an approach was first proposed in Ref. 15; the 
resultant effectiveness with carryover is 

n - n 2 + r ^ 1 (! -n 2 ) (25) 

in which subscript 1 refers to subsonic cooling only and subscript 2 refers to 
supersonic cooling only. Figures 57 and 58 include the synthesized effective- 
ness predictions; in the latter case the effectiveness just upstream of the 
supersonic coolant injector was assumed to apply throughout the supersonic 
test section for subsonic cooling only. In both cases the synthesized effective- 
ness is in excellent agreement with the data for 1. 2-1.6 cm (3-4 inches), after 
which the synthesized values are a little higher. 
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b. Heat Transfer Coefficient 
(1) Correlation Approach 

Heat transfer coefficients with and without film cooling 

in the supersonic nozzle region were correlated during this program. Heat 

transfer coefficients in the subsonic region were correlated previously (Ref. 1). 

In this previous work, it was found that the data for film cooled walls and 

for the case of no film cooling both are correlated by Equation (20) when the 

arithmetic mean of the wall and adiabatic wall temperatures was the reference 

temperature for evaluating physical properties. An additional effect of 

injection velocity was also observed. This previous correlation is a convenient 

analytical tool for analyzing non-adiabatic film cooled walls because it allows 

the calculation of heat transfer coefficients without film cooling if the heat 

transfer coefficients, or more specifically the C values, without film cooling 

8 

are known and the composition of the mixing layer is evaluated from the entrain- 
ment model. Consequently, the same correlation approach was evaluated with the 
supersonic data obtained on this program. 

(2) Constant Core Mach Number Data (Cylindrical Supersonic 
Test Section) 

Values of the C factor calculated from the constant core 
8 

Mach number test data are plotted as a function of axial position from the 

injection slot in Figures 59 and 60. These C values were from Equation (20) 

8 

calculated using a Stanton number based on average test section mass flux (core 
gas flow rate and film coolant flow rate divided by total test section cross 
sectional area). Physical properties in Equation (20) were evaluated for the 
gas composition at the test section wall which was indicated by the effectiveness 
data, and at two reference temperatures: (1) the arithmetic mean of the wall 
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and adiabatic wall temperatures, and (2) the adiabatic wall temperature. The 
Figure 59 values are based on the arithmetic mean reference temperature and the 
Figure 60 values are based on the adiabatic wall reference temperature. These 
plots demonstrate that: (1) there are injection effects in the hydrogen data 

but not in the nitrogen data, and (2) that the arithmetic mean reference tem- 
perature provides a more concise grouping of the data. It is therefore con- 
cluded that the heat transfer correlation established previously for subsonic 
film cooling (Ref. 1) is also applicable for supersonic film cooling. As in 
the subsonic case, injection effects exist in certain of the data near the 
injection point. 

The nitrogen film cooling C values are independent of 

s 

the film-coolant-to-core-gas static pressure ratio and are about the same as 
the nitrogen core gas C values along the entire length of the cylindrical 

O 

test section. The only significant difference exists within 3 cm (1.2-in.) 
of the injection point where the core gas data is slightly higher. The maxi- 
mum observed difference is 20% at 1.5 cm (0.6-in.) axial distance. These 
higher core gas C values appear to be a "step effect" produced by the slight 

O 

flow disturbance which occurs when the core gas flow expands across the 0.1 cm 
(0.04-in.) flow step formed by the film coolant injection slot and lip (no 
film coolant flow). Disregarding this "step effect", the nitrogen film 
coolant and core gas C values are practically constant along the test section 
length and range from 0.026 to 0.023 which is the traditional range for fully 
developed turbulent flow heat transfer. 

The hydrogen supersonic heat transfer data are char- 
acterized by relatively large C values within about 10 cm (4-in.) of the 

8 

injection point. The hydrogen C values are a function of pressure ratio and 

o 

the highest values were observed at the highest pressure ratio. These hydrogen 
film cooling values demonstrate that a significant difference existed in the 
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hydrogen film coolant and nitrogen film coolant wall heat transfer mechanisms 
near the injection point. A fundamental explanation of this behavior has not 
been established. It is possible that these high C values are related to 

O 

supersonic shock phenomena. In terms of the injection conditions, it appears 
to be a velocity ratio effect since the coolant-to-freestream velocity ratio 
was about 2.0 with hydrogen film cooling and about 0,55 in the nitrogen film 
cooling case. Another possible explanation is that the unusual velocity pro- 
file downstream of the film coolant annulus at u c / u e = 2.0 (high velocity 
along walls) was unstable and tended to promote wall turbulence until a more 
regular profile was established at some distance downstream of the injection 
point. 


(3) Variable Core Mach Number Data (Conical Supersonic 
Test Section) 

The Cg values obtained with hydrogen film cooling in 
the conical supersonic test section are similar to the cylindrical supersonic 
results, and are plotted on Figure 61 and tabulated in Table V. However, 
these data are more difficult to interpret because it appears that shock 
phenomena at the entrance of the supersonic diffuser tube produced unusually 
large wall conduction effects which influenced the adiabatic wall temperature 
results. 


The data near the film coolant injection point (upstream 

end) indicate the same general characteristics as the constant Mach number 

data. The hydrogen film cooling C f s are relatively high, increase with pres- 

S 

sure ratio, and decrease with axial distance, while the core gas nitrogen 
values are about the same as in the constant Mach number test section. How- 
ever, towards the downstream end of the test section, the axial distribution 
of the hydrogen data indicates a reversal of the initial decay character- 
istic and a trend toward increased C f s. The core gas C values also tend to 

8 ® 

increase in this region. This trend of increasing C with axial distance 

O 

appears Invalid. It appears that shock-boundary layer interaction produced a 
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relatively high heat transfer coefficient on the ID of the nozzle exit flange 
where the conical nozzle ends abruptly and the cylindrical diffuser geometry 
begins. Furthermore, it appears that the effect of this high coefficient was 
to produce excess wall heating during the heating transient and excess wall 
cooling during the cooling transient. This leads to erroneously high C 
values for the core gas heating and the hydrogen film cooling transients. An 
additional factor here is that the conical supersonic test section transients 
were relatively long due to the low heat transfer coefficients which occur at 
high Mach number and consequently a longer time period existed for flange 
effects to influence the data. The transient periods were 10-20 seconds 
compared to 2-3 seconds in the subsonic and cylindrical supersonic test 
sections. 


(4) Recommended Correlations 

Two heat transfer correlations are recommended, one for 

film-coolant-to-core velocity ratios less than one and another for velocity 

ratios greater than one. For velocity ratio less than one, the recommended 

correlation is Equation (20) with C = 0.026 and with physical properties 

S 

evaluated using the local wall fluid properties and the arithmetic mean 
reference temperature. This equation provides a good correlation of the 
nitrogen film cooling data obtained at 2.5 core Mach number and about 0.55 
velocity ratio. 


For velocity ratio greater than one, the hydrogen data 
indicate that injection effects are significant near the injection point. 

The foregoing correlation for velocity ratio less than unity but modified by 
injection effect factors is recommended for heat transfer from supersonic 
film coolant injected at a velocity ratio greater than one. Injection effect 
factors established from the hydrogen data are shown in Figure 62 as a func- 
tion of pressure ratio and axial position, and in Figure 63 as a function of 
axial position and mass flux ratio. 
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35 A 


Core N 2 Film v ' 

Test Core N 2 Core N 2 Total Film Coolant Coolant Velocity Density Pressure Coolant 

Setup Flow Rate, Temperature, Pressure, Coolant Flow Rate, Temperature, Ratio, Ratio, Ratio, Slot Height, Reynolds 

Number kg/sec , (lb /sec) (°F) N/cm (psia) Gas kg/sec (lb/sec) _^K (°F) u r /u„ p„/p 0 P r /P^ cm (in.) Number 
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TABLE IV 


Test 


10 3A 


10 3B 


104A 


104B 


105A 

105B 


106 


EXPERIMENTAL TEST SECTION MACH NUMBERS 

Supersonic 


Subsonic 

U /U 
c e 


P /P 
c e 


(1) - indicates no supersonic injection 

(2) - indicates no subsonic injection 

(3) - Mach number 1/2-in. from test section exit. 


M 


( 3 ) 


exit 


.75 

(1) 

2 . 

44 

1.0 

(1) 

2. 

43 

1.25 

(1) 

2. 

4 

1.0 

1.0 

2. 

33 

(2) 

1.0 

2. 

34 

(2) 

2.0 

2. 

23 

(2) 

.5 

2. 

38 

.5 

(1) 

2. 

45 

.75 

(1) 



1.0 

(1) 



1.25 

(1) 



1.0 

1.0 

2. 

36 

1.0 

(1) 

2. 

44 

(2) 

1.0 

2. 

35 

(2) 

2.0 

2. 

31 

(2) 

.5 

2. 

40 

1.0, 1.25 

(1) 

4. 

25 

1.0 

1.0 

4. 

2 

1.0 

(1) 

4. 

25 

(2) 

1.0 

4. 

,2 

(2) 

2.0 

4. 

,05 

(2) 

.5 

4. 

.15 

(2) 

2.0 

4, 

.15 

(2) 

1.0 

4, 

.2 

(2) 

.5 

4 

.2 
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TABLE V 


TURNING CORRELATION PARAMETERS 


Source 

Angle, 

Degrees 

Type* 

S/R 

Range 

&p/p 

Range 

Correlation 

Parameter 

Correlation 

Group 

S/R + , bp/? + (H 2 Conv.) 







Ref. 1 

(cold) 30 

€ 

.26 

to .32 

.056 

.015 to .018 

1 

103A 

15 

□ 

.10 

to .13 

.49 to .73 

.060 to .083 

1 

102A 

30 

O 

.10 

to .13 

.50 to .81 

.061 to .097 

1 

Ref. 1 

30 

O 


.29 

.57 to .60 

.16 to .17 

1 

S/R -AP/P - (N 2 Throat) 







Ref. 4 

27 

A 

- 

•.019 

-.58 

.011 

1 

S/R - 

&PlP + (H 2 Throat) 






Ref. 1 

30 

• 


.47 

.46 

-.22 

2 

102A 

30 

• 

-.17 

to -.21 

.41 to .63 

-.085 to -.125 

2 

103A 

15 

■ 

-.15 

to -.19 

.41 to .55 

-.070 to -.099 

4 

Ref. 1 

(cold) 30 

• 

-.40 

to -.50 

.078 

-.031 to -.039 

2 


S/R +,4^/A- (N 2 Conv.) 


101 A 

30 

O 30 

.22 to .37 

-.18 to 

-.40 

-.061 to -.099 

3 

104A 

15 

□ 11 

.13 to .15 

-.18 to 

-.24 

-.025 to -.033 

4 

Ref. 4 

15 

6 

.013 

-.87 


-.011 

4 

Ref. 4 

35 

A A 





3 


* See Legend on Figure 39 
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VI. ANALYTICAL PREDICTIONS 


Analytical predictions for hydrogen film cooled hydro gen -oxygen thrust 
chambers were made with the ALRC entrainment model and certain of the entrain- 
ment fraction correlations derived from test data and discussed in Section V,B. 
Analyses were performed for conditions representative of 2 engine systems: 

(1) a space shuttle APS engine, and (2) a space shuttle tug engine. 


A. APS THRUST CHAMBER PREDICTIONS 


The APS predictions were made for the subsonic region only of a 
typical film cooled thrust chamber. The geometry parameters and the range of 
operating conditions considered are typical for the Auxiliary Propulsion System 
for the Space Shuttle (Ref. 2). The thrust chamber geometry was established 
from data supplied in References 1 and 2 and is shown in Figure 64. The range 
of operating conditions considered are as follows: 


Chamber Pressure: 

0 2 /H 2 Mixture Ratio: 

Vacuum Thrust: 

Inlet Film Coolant Temp: 

Velocity Ratio (Subsonic 
Injection) : 

Main Injector Propellant 
Temperatures : 


69 to 207 N/cm 2 (100 to 300 psia) 
2 to 6 

4.45 X 10 2 to 4.45 X 10 4 N 
(100 to 10* lb f ) 

79 to 300°K (140 to 540°R) 

1.0 


H 2 = 179K (250 R) 
0 2 = 208K (375 R) 


2 

The reference design case was: MR = 4,207 N/cm (300 psia) cham- 

ber pressure, 6680 N (1500 lb f ) thrust, and 300°K (540°R) H 2 inlet tempera- 
ture. For other operating conditions, thrust chamber design parameters were 
changed as follows (geometry defined on Figure 64) : 
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VI, A, APS Thrust Chamber Predictions (cont.) 


T? 1 

(a) R t a (— ) 

o 

R^ = 244 cm (0.96 in.) for the reference case. 

(b) L' = 8.4 cm (3.3 in.) for F = 445 N (100 lb f ) 

= 14.6 cm (5.75 in.) for F = 6,680 N (1500 lb f ) 

= 25.4 cm (10.0 in.) for F = 4.45 x 10 4 N (10 4 lb f ) 

(c) R c /R t = 1.77 


(d) W a F 

W = 1.52 kg/sec (3.41 lb /sec) for the reference case. 

m 


Film coolant flow rate requirements were calculated for an other- 
wise uncooled thrust chamber in which film coolant is injected parallel to 
the thrust chamber walls at the main propellant injector. The design criterion 
governing film coolant flow rate was that a 1090°K (1500°F) maximum adiabatic 
wall temperature was allowed at the thrust chamber throat. This temperature 
was established in Reference 1 as representative of the conditions required 
to meet Space Shuttle APS cycle life requirements. Entrainment fraction 
values were calculated from the following equation which is based on the Setup 
105A data and the acceleration effect correlation given in Section V,B. 


k 


2.7 


P U 
e e 


(P U ) 

e e o 


-0.65 


k 

o 


(26) 


Predicted adiabatic wall temperatures and slot heights obtained 
from the ALRC film cooling model are listed in Table VI. Film cooling require- 
ments based on the 1090°K T criteria for variable MR and P with 300°K (540°R) 

aw c 
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VI, A, APS Thrust Chamber Predictions (cont.) 


film coolant inlet temperature are shown as a percent of the fuel flow rate 
and as a percent of the total propellant flow rate in Figure 65. The pre- 
dicted requirement for the reference design case is 28% of the fuel or 5.6% 
of the total flow rate. The required amount of film cooling decreases with 

MR and increases with P . The MR = 2 film cooling flow rates are slightly 

o 

optimistic because the corresponding slot height values are on the order of 
0.0375 cm (0.015 in.) and a film cooling annulus this thin is difficult to 
fabricate. Thicker slot heights would yield a velocity ratio less than 1.0 
and, because of increased mixing, this leads to less efficient utilization 
of the film coolant. All other slot heights are greater than 0.0625 cm 
(0.025 in.). 


The effects of inlet temperature and thrust on film cooling 
requirements are shown in Figures 66 and 67. The predicted film cooling 
requirement decreases as the thrust increases and the inlet temperature 
decreases. The indicated decrease with reduced inlet temperature may not 
be practical to achieve because of the small slot heights required for unity 
velocity ratio at the lower temperatures . 

B. SPACE TUG THRUST CHAMBER PREDICTIONS 

Predictions for the effect of hydrogen film cooling on the wall tem- 
peratures of a proposed ^2^2 s P ace tu ® en 8i ne (Ref* 6) were made using certain 
of the entrainment fraction correlations and the heat transfer correlation dis- 
cussed in Section V,B. Predictions were made for both the subsonic and super- 
sonic region of the thrust chamber. The thrust chamber geometry and film 
coolant annulus slot height were assumed fixed and wall temperature and heat 
flux values at critical points were calculated as a function of the ^ film 
coolant flow rate for operating conditions which yield 100%, 50%, and 17% of 
rated thrust. Pertinent operating conditions and design parameters provided 
by D. E. Sokolowski of the NASA Lewis Research Center are listed in Table VII. 


58 


VI, B, Space Tug Thrust Chamber Predictions (cont.) 


1. Subsonic Region Adiabatic Wall Temperature 


Adiabatic wall temperature predictions for the subsonic 
region of the space tug thrust chamber shown in Figure 68 were obtained 

using the ALRC entrainment model and the entrainment fraction correlation 
applied in the APS thrust chamber analysis. It was assumed that the hydrogen 
film coolant was introduced at the main propellant injector. Turning effects 
in the convergent region were assumed negligible because of the large turn 
radius and the contour approximates a cone. The coefficient of the entrainment 
fraction correlation was modified in accordance with the laboratory test results 
obtained with cylindrical chambers on this program and in previous work 
(Ref . 1) . The following equation was used to calculate the factor which was 
applied to the plane unaccelerated flow entrainment fraction value. 


k = 2.0 


P U 
e e 


(P e u ) 
e e o 


-0.65 

k 

o 


(27) 


Initial adiabatic wall temperature calculations were made 
assuming a film-coolant-to-core-gas velocity ratio of 1.0 in order to minimize 
mixing of the film coolant and core gases. However it was found that this veloc- 
ity ratio assumption implied film cooling injection annulus slot heights which were 
too small and not practical to fabricate. Consequently, the slot height was 
fixed at 0.0635 cm (0.025 in.) and the adiabatic wall temperatures were 
re-evaluated. The adiabatic wall temperature results, calculated slot heights 
(u c /u g = 1.0), and calculated velocity ratios (fixed slot height) are tabu- 
lated in Table VIII. Comparison of the adiabatic wall temperature results 
in Table VIII demonstrates the predicted loss in film cooling efficiency for 
velocity ratio less than unity. 


VI, B, Space Tug Thrust Chamber Predictions (cont.) 


2. Supersonic Adiabatic Wall Temperature 


The adiabatic wall temperature predictions for the super- 
sonic region of the space tug thrust chamber were calculated from the 

ALRC entrainment model using the entrainment fraction correlation derived in 
Section V,B for variable Mach number flow at pressure ratio of about one and 
velocity ratio less than one. This correlation is restated below: 


0.038 


1 + 0.01757 




< 13.4 


(28) 


X X 

k = 0.04709 - 0.1449 log in (— ) , 13.4 < (-M < 362.8 

lu ms — ms — 


(29) 


k = 0.0i;(— ) > 362.8 (30) 

ms 

c 

The calculated adiabatic wall temperatures and other per- 
tinent results are listed in Table IX. These values were obtained assuming 
a pressure ratio of 1.0 which implies different slot heights for each film 
coolant flow rate as shown in the table. Certain of these slot heights are 
too small (% FFC < 20). If it is assumed that pressure ratio effects on k are 

small, these T values are applicable to a film coolant annulus with fixed 
aw 

slot height but which operates over a range of pressure ratios (k is inde- 
pendent of s c since ms^ = D/4 W) . 


60 


VI, B, Space Tug Thrust Chamber Predictions (cont.) 


3. Gas-Side Wall Temperature and Heat Flux 

Gas-side wall temperatures and heat fluxes at the critical 
locations noted in Table VII were estimated for the regeneratively cooled space 
tug engine with supplemental hydrogen film cooling applied to the walls. 

The estimates are shown plotted as a function of the film coolant flow rate 
in Figures 69 and 70. They were obtained using the following procedure: 

a. The thermal resistance, (R^) , at each critical point 
between the gas side wall and the coolant bulk tem- 
peratures was calculated from the Table VII data and 
assumed constant. 

b. Heat transfer coefficients with film cooling were cal- 
culated from the Table VII values through the use of 

a ratio derived from Equation 20. The ratio is defined 
by the following equation. 


<V2 


0.2 _ 

! ^ 

Pr 0,6 / 2 

0.2 . 

P C 


(MW )„ (T ). 
am 2 am 1 

(MW ) (T ) 
am I am 2 


(31) 


Pr 0 * 6 II 


where: p, C , Pr are evaluated at arithmetic mean 

P 

temperature, T 

am 


Representative wall temperatures were assumed and the 
above heat transfer coefficient ratio was calculated 
as a function of wall MR. The calculated ratios are 
shown in Figure 71. 


See footnote at bottom of following page. 
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VI, B, Space Tug Thrust Chamber Predictions (cont.) 


c. Heat flux and gas-side wall temperature values 
were generated using the following expressions. 


(q/A) 


gas side 




( 32 ) 


T = T - (q/A) . . (^-) 

wg aw gas side h 

8 

The T wall values used are shown in Table VIII 
aw 

(constant slot height results) and Table IX. The 
coolant bulk temperature values of Table VII were 
assumed constant. 


2 

The gas side heat transfer coefficient shown in Equations 31, 32, and 33 
and Figure 71 is based on temperature driving potential rather than enthalpy 
driving potential as indicated in Section III,B, Equation 19. In Ref. 2 it 
is shown that for O 2 /H 2 propellant at MR values less than 3.0, the difference 
between hg based on enthalpy and hg based on temperature is less than 5%. 

Note that with the hg based on temperature, the Stanton Number definition is: 
St = hg/GCp. 
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TABLE VI 


ADIABATIC WALL TEMPERATURE RESULTS 
APS THRUST CHAMBER ANALYSIS 


F/F 


ref 


1500 


1500 


P /( p ) , 

o o ref 


100 


300 


^f = 4.45 N = 1 lb f 


(p ) , 

o ref 
T ref 

= 0.689 N/ 
= 810°K = 

2 ! 

cm =1 psia 
1000 °R 


< S c>ref 

= 2.54 cm 

= 1 inch 




(T )tht 
aw 

s 

MR 

FFC 

T * 
ref 

< s =>ref 

2 

5 

2.389 

0.012 


10 

1.712 

n n?A? 


20 

1.102 

0.0494 


30 

0.892 

0.0767 

4 

10 

3.126 

0.016 


20 

1.974 

0.0337 


30 

1.432 

0.0539 

6 

10 

4.358 

0.0134 


20 

2.948 

0.0289 


30 

2.135 

0.0472 

2 

5 

2.665 

0.0068 


10 

2.051 

0.0137 


20 

1.346 

0.0279 


30 

1.055 

0.0431 

4 

10 

3.680 

0.0089 


20 

2.516 

0.0189 


30 

1.862 

0.03 


T (1) 

in 


T 


ref 


0.54 


0.54 
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TABLE VI (cont.) 





(T ) tht 
aw 

s c 

T (1) 
in 

F/F ref 

p /(p ) 

o' o ref MR 

FFC 

T 

ref 

(s ^w 

T * 
ref 


6 

20 

3.670 

- 




30 

2.800 

0.0266 




A0 

2.238 

0.0389 




50 

1.858 

0.05A3 


1500 

500 2 

5 

2.787 

0.0052 

0.5A 



10 

2.213 

0.0105 




20 

1.508 

0.0213 




30 

1.162 

0.0329 



A 

10 

3.930 

0.0069 




20 

2.818 

0.01A5 




30 

2.127 

0.0232 



6 

30 

3.151 

0.020A 




A0 

2.569 

0.0299 




50 

2.160 

0.0A16 


10,000 

300 A 

10 

2.809 

0.023A 

0.5A 



20 

1.681 

0.0A9A 




30 

1.2A8 

0.0793 


100 

300 A 

30 

3.A50 

0.007A 

0.5A 



53 

2.509 

0.0165 




60 

2.321 

0.0205 




66.6 

2.180 

0.0255 


1500 

300 A 

10 

3. A0 A 

0.0056 

0.3A 



20 

2.159 

0.0119 




30 

1.500 

0.0191 


1500 

300 A 

10 

2.856 

0.0022 

0.1A 



20 

1.576 

0.00A8 




30 

1.008 

0.0077 



(1) “ Film Coolant Inlet Temperature 


6A 
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TABLE VIII 


SUBSONIC ADIABATIC WALL TEMPERATURE RESULTS 
SPACE TUG THRUST CHAMBER 

Film Coolant Injected Parallel to Chamber Wall at Main Injector 


% Thrust 

Overall 

MR 

% FFC S c S vef 

T (1) 
aw 
°K 

(1) 

MR at 
Wall 

u /u 
c e 

T CD 

aw 

°K 

MR at ( ' 1 ' ) 
Wall 

100 

6.5 

10 

.06 

1910 

2.09 

.06 

- 

3 



20 

.13 

1006 

.99 

.13 

2138 

2.4 



30 

.22 

618 

.58 

.22 

1298 

1.32 



40 

.30 

437 

.40 

.29 

804 

0.77 

50 

6.0 

5 

.03 

1778 

1.87 

.03 


3 



10 

.06 

929 

.88 

.05 

2440 

2.84 



20 

.12 

419 

.37 

.12 

1420 

1.11 



30 

.19 

263 

.22 

.19 

570 

.52 



40 

.29 

193 

.16 

.28 

347 

.3 



50 

.40 

156 

.17 

.40 

230 

.2 

17 

5.0 

5 

.03 

1623 

1.66 

.03 

- 

3 



10 

.06 

843 

.79 

.06 

2152 

2.38 



20 

.14 

382 

.34 

.14 

972 

.93 



30 

.22 

241 

.21 

.22 

488 

.44 



40 

.33 

179 

.14 

.33 

297 

.26 

( 1) Conditions at 

critical 

points: 5 

l Thrust 


Critical Point 
Location 



100 1.25 cm upstream of throat 

50 15 cm upstream of throat 

17 15 cm upstream of throat 
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TABLE IX 


SUPERSONIC ADIABATIC WALL TEMPERATURE RESULTS 
SPACE TUG THRUST CHAMBER 

Film Coolant Injected Parallel to Chamber Wall at A/A^, = 8/1 


Overall 

% Thrust MR % FFC 

“ c (1) (2) 

u Taw °K 

e 

MR at^ 2 ^ 
Wall 

(3) 

s /S 
c ref 

or Pi 
Ratic 

100 6.5 5 

.20 

1669 

2.09 


.21 

10 

.20 

1145 

1.37 


.42 

20 

.21 

679 

.77 


.88 

30 

.21 

444 

.48 


1.4 

40 

.23 

286 

.30 


1.99 

50 6.0 5 

.20 

1567 

1.95 


.22 

10 

.20 

1068 

1.27 


.46 

20 

.21 

623 

.71 


.94 

30 

.21 

396 

.42 


1.48 

40 

.22 

253 

.26 


2.09 

50 

.24 

167 

.16 


2.81 

17 5.0 5 

.20 

1344 

1.65 


.26 

10 

.20 

901 

1.07 


.53 

20 

.20 

500 

.57 


1.07 

30 

.20 

297 

.32 


1.65 

40 

.21 

178 

.18 


2.31 

(1) “c . M c | T c\ 1/2 1 

[MW e | 

1/2 ^ 
9 

T 

e 

rn 

P 

c 

*n 

MW 

c 

C 1 
1 

3 

H| 

MW 1 

p e 

T 

c 

p 

e 

MW 

e 

e e i e » 

c J 





M = 2.0. M = 2.95 (T ) 

= 90' 

>„ „ Overall 

R. Core Gas MR = 

MR 


o 

n> 

n 

O 

1 


i - * 

FFC 






100 


(2) Conditions at nozzle area ratio = 78/1 




(3) Pressure Ratio = 1.0, Slot Height Variable 




(4) Slot Height = .0625 cm (.025 in) = S , 





Pressure Ratio Variable 
k assumed independent of pressure ratio 
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VII. CONCLUSIONS AND RECOMMENDATIONS 


1. Flow acceleration reduces the entrainment fraction and thus increases 
cooling effectiveness. This effect is correlated in the convergent section by 
the mass velocity power-law of Equation (16) with n = 0.65, which is in good 
agreement with the exponent of 0.59 obtained by Deissler (Refs. 5 and 6) for 
turbulent transport phenomena in a homogeneous fluid. 

2. Turning effects have been partially correlated as shown in Figure 39 
using the turning parameter proposed in Ref. 1. The correlation for positive 
values of this parameter is recommended for design purposes. Although the 
results for negative values also provide a design guide, the correlation para- 
meter is not sufficient by itself to describe all results. For example, it does 
not include the turn angle, which is shown to be an important parameter in this 
region. In addition, the present parameter apparently does not properly dis- 
tinguish between heavy coolant at the start of convergence and light coolant in 
a throat turn. Additional studies of turning effects are recommended using 
larger hardware to improve accuracy and obtain entrainment fraction variations 
within the turns. 

3. Initial entrainment fractions for supersonic film cooling are 
strongly dependent on injection velocity ratio. Values for a velocity ratio of 
about 0.5 (nitrogen coolant) are approximately double those for a velocity ratio 
of about 2.0 (hydrogen data); the latter entrainment fractions are about equal 
to the lowest values obtained for subsonic film cooling. These initial entrain- 
ment fractions are independent of pressure ratio for the higher velocity ratio, 
but increase slightly with pressure ratio at the lower velocity ratio. The above 
trends were observed in both the constant and variable Mach number tests. 

4. A great diversity of variations in supersonic entrainment fraction 
with axial distance from the injection point was observed. It is concluded that 
these variations are related to the expansion, compression and shock phenomena 
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VII, Conclusions and Recommendations (cont.) 


associated with the interaction of the two flows and that flow visualization 
studies are required in order to explain specific results. In general, the 
variable Mach number entrainment fractions decrease significantly with axial 
distance, starting from initial values close to the corresponding constant Mach 
number results . 

5. Good correlation of the variable Mach number data for a velocity 
ratio of 0.54 and pressure ratio of unity was obtained using a dimensionless 
axial coordinate. The film cooled rocket nozzle data of Ref. 2 agree with this 
correlation. Some of the data for other pressure ratios are also in reasonable 
agreement with this correlation and it is recommended for rocket nozzle design 
application when the injection velocity ratio is 0.5-0. 6. 

6. Supersonic film cooling tests in which the film coolant is hydrogen 
and nitrogen mixed in the appropriate proportions to provide a unity film cooiant- 
to-core gas velocity ratio are recommended for future supersonic film cooling 
studies. Such tests would provide a useful supersonic film cooling reference 
condition and would eliminate any turbulent mixing effects due to the velocity 
mismatch between the core and film coolant gases. 

7. Carryover effects from simultaneous subsonic film cooling can 
significantly increase supersonic effectiveness values. This increase is 
accurately predicted by a simple synthesis model using the individual coolant 
effectiveness values. 

8. Heat transfer coefficients with and without film cooling in the 
supersonic nozzle region are correlated by Equation (20). For a film coolant 
to core gas velocity ratio of about 0.5, the data correlate with the same C 

g 

factor provided that physical properties are evaluated at the following 
conditions: (1) the temperature corresponding to the arithmetic mean of the 
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VII, Conclusions and Recommendations (cont.) 


adiabatic wall and wall temperatures, and (2) the gas composition at the wall. 

Equation 20 and the foregoing procedure for evaluating physical properties are 

therefore recommended for design calculations when the velocity ratio is 

approximately 0.5. If no experimental C data are available, a value of 0.026 

8 

is recommended. The subsonic heat transfer coefficient data obtained previously 
indicate that these recommendations are also applicable for the subsonic region 
except near the injection slot (See Ref. 1). The heat transfer coefficient 
data obtained at a velocity ratio of about 2.0 indicate a significant injection 
effect. Possibly this is due to shock phenomena or an inherently unstable 
velocity profile which promotes turbulence at the wall. The factor shown in 
Figures 62 and 63 is recommended for evaluating this effect. 

9. The entrainment film cooling model developed at ALRC has been 
designed to account for chemical reactions between the film coolant and 
entrained core gases through the use of an enthalpy effectiveness definition. 
However, two aspects of chemical reactions remain to be investigated; (1) the 
possible effects of core reactions on the entrainment fraction, and (2) reac- 
tion kinetics effects. An experimental hydrogen film cooling program with actual 
rocket engine injectors generating core flow gases with a known chemistry is 
recommended for future work. 

10. Analytical studies using two-dimensional boundary layer computer 
programs, such as the NASA-Langley program (Ref. 12) developed specifically 
for film cooling, are recommended to verify the shape factor and high-speed 
formulations of the present entrainment model. These studies would also pro- 
vide valuable insight into the correlation of velocity ratio and Reynolds 
number effects. 
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Figure 6. High-Speed Flow Effects in Test 103B 
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Figure 46. Effectiveness Correlation with Entrainment Flow - Test 103B 
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Figure 52. Entrainment Fractions for Test 106B 
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Figure 58. Test 103B Effectiveness Data with Subsonic Injection Carryover 
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Figure 66. Effect of Inlet Temperature on Film Coolant Requirements 
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Figure 71. Effect of Wall Mixture Ratio on Heat Transfer Coefficient 
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Appendix A 


1. Shape Factor 

The formulation for the profile shape factor for mixing layer flow in 
a supersonic region was developed from the analytical results of Reference 12, 
which are in excellent agreement with the adiabatic wall temperature data of 
Reference 10. In the downstream regime of fully- developed mixing layer pro- 
files , the shape factor was determined from the computed concentration and 
velocity profiles. From its definition. Equation (10), 


0 = 1 - 



dy 


dy 


in which s is the thickness of the mixing layer. A value of 0.485 was calculated 
for the fully-developed shape factor. 


With this shape factor, the effectiveness in the fully-developed regime 

was used to establish the corresponding entrainment flow ratio W_/W . For 260 < 
0 8 ^ c 

x/ (m s ) _1 1500, the Reference 12 effectiveness of Figure 4 is described by 


n 



so that Equation (9) gives 


V w 


c 


1 

n e 


1 = 0.00420 



\1.2 


1 


(Al) 


Extrapolation of the entrainment flow ratio to zero at the coolant injection 
point then allowed the shape factor in the transition regime to be inferred from 
the effectiveness results, again using Equation (9). Figure Al shows the above 
entrainment flow ratio and its extrapolation (dashed line) . Figure 2 gives the 
resulting shape factor as a function of entrainment flow ratio; the transition 
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regime between Equation (11) and the fully-developed value of 0.485 is defined by 

0.5 < W_/W < 2.2. 

— h c — 


For comparison purposes and use in the u development to follow, the above 
procedure was also applied to the results of Reference 7. For the mass velocity 
ratio range of the present program, the effectiveness correlation is 


n 


162 



x 

mh 


> 69.6 


so that using 0 » 0.485 in Equation (9) gives 

V w c ■ °- 0127 (- sr ) - 1 (A2) 

in the fully-developed regime. In this case the effectiveness data indicate no 

transition regime, resulting in the shape factor variation with E„/W shown by 

t* c 

the dashed line in Figure 2. Extrapolation of the entrainment flow ratio back 
to the injection point, similar to Figure Al, was required for development of 
the u correlation in the next section. 


Also of interest is the entrainment fraction associated with the fully- 
developed regime. For the configurations of References 7 and 10, 


k = ms 


, / W„ 

d ( E 


c dx 1 W 


so that Equations (Al) and (A2) yield 


0.2 n 9 

k = 0.00504 n» Ref. 12 

\m 0 * 8 S 


k « 0.0153 


_X_| 0,2 fc. 
mh h 


Ref. 7 


These entrainment fractions are compared with the results of the present program 
in Section V,B,3. 
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2. Velocity Mixing Function 

The velocity mixing function V (W_/W ) used to define the effective 
_ r. c 

velocity u, Equation (18), was developed from the isoenergetic wall temperature 

data of Reference 7 and partially confirmed by the analytical results of 

Reference 12. For isoenergetic injection T differs from the freestream 

aw 

stagnation temperature solely due to imperfect recovery of kinetic energy, i.e., 

T o - <T aw\ - (1 - Prl/3 > < T „ - V <"/“e > 2 

e iso e 

and u/u g is obtained directly from measurement of the isoenergetic wall temp- 
erature. Determination of the corresponding mixing function V from u/u by 

e 

Equation (18) used the minimum u/u as u /u ; this minimum typically occurred 

e c e 

some distance downstream of the injection point, but well within the region of 
unity effectiveness. Figure A2 shows the resulting correlation of the velocity 
mixing function V with dimensionless axial distance; the effectiveness correla- 
tion of Reference 7 is shown for comparison and exhibits a much less rapid decay. 
Using the entrainment flow ratio of Equation (A2) and its extrapolation back to 
the injection point gave the final V (W^/V^) correlation shown in Figure 5. 

A few values of u/u g were also obtained from Reference 12 by solving 

Equation (7) using calculated values of adiabatic wall temperature and the 

effectiveness results of Figure 4. The corresponding mixing function values 

were based on u c in the coolant slot; using the entrainment flow ratios of Figure 

A1 gave V (W^/V^) . Two such points are shown on Figure 5 and agree very well 

with the curve developed above from Reference 7. However, u exceeded u at 

e 

higher values of Wg/W c , indicating negative values of V. 
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EXPERIMENTAL APPARATUS 


Appendix B 


The test components used in the film cooling tests and the film cooling 
test system are described in this appendix. The test components are defined as 
the film coolant injectors, subsonic test sections, and supersonic test sections. 
Other parts used in the tests are defined as part of the test system. Seals 
between the individual components were fabricated from Grafoil material and were 
crushed approximately 30% during assembly. Prior to testing, all test sections 
were wrapped with insulation in such a manner that a thin layer of stagnant air 
remained adjacent to the walls and exterior air currents could not cool the walls. 

A. TEST COMPONENTS 

1. Test Setup 101 

The test components for Test Setup 101 consisted of the thin 
slot film coolant injector and the 30°-lR subsonic test section. Both of these 
components were residual from Contract NAS 3-14343 (Ref. 1). A sketch of the 
Test Setup 101 assembly is shown in Figure Bl. 

30°-lR Subsonic Test Section (Chamber) 


Figure B2 shows the design for the 30°-lR subsonic test section 

(-7 configuration). The major design features are 8.9 cm (3.5-in.) cylindrical 

length, 30° convergence angle, and turn radii at the throat and beginning of 

the convergent section equal to one and two times the throat radius respectively. 

This component was modified slightly in that the copper electrodes used to 

electrically heat the cylindrical length during the Reference 1 tests were 

removed. The throat diameter was selected to provide a stagnation pressure of 
o 

172 N/cm (250 psia) with no film cooling at the maximum available heated 
nitrogen flow of 0.45 kg/sec (1.0 lb/sec). A higher pressure would require 
smaller test sections and was, therefore, not desirable; a significantly lower 
pressure is not acceptable for testing with supercritical liquid film coolant 
as was done on Contract NAS 3-14343. The chamber diameter of 3.094 cm (1.218-in.) 
gives a contraction ratio of 4.0. 
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The test section was fabricated from Hastelloy-X tubing (all other test 
sections were stainless steel). The final wall thickness range was 0.048-0.051 cm 
(0.19-0.020 in.). Thermocouples were positioned on the test section as indicated 
in Table BI. The thermocouple junctions on this test section and all other test 
sections were formed by spot welding 0.0076 cm (0.003-in.) diameter chromel and 
alumel wires directly to the test section walls. 

Thin Slot Subsonic Film Coolant Injector 

The thin slot subsonic film coolant injector is similar to the thick slot 
design shown in Figures B3, B4, and B5, except that the slot height is 0.038 cm 
(0.015-in.) and the metering channel width is 0.058 cm (0.023-in.). Figures B6 
and B7 show photographs of the inner and outer rings of the thin slot injector 
before final brazing. These photographs show the key internal design features 
of both the thin and thick slot injectors : the tapered ribs of the film coolant 

slot on the inner ring, and the inlet deflectors and metering channels for flow 
distribution control on the outer ring. The hole in the foreground of Figure 8 
is the manifold instrumentation port. Figure B8 provides a closeup view of the 
complete injector showing the 0.038 cm (0.015-in.) slot and the ends of the 
tapered ribs. 

2. Test Setup 102 

The Test Setup 102 components were very similar to the Test 
Setup 101 components. They consisted of the thick slot film coolant injector, 
and the 30°-2R subsonic test section. A sketch of Test Setup 102 is shown in 
Figure Bl and a photograph of the assembly is given as Figure B9. 

Thick Lip Subsonic Film Coolant Injector 

The thick slot, subsonic film coolant injector design is shown in detail 
in Figures B3, B4, and B5. Particular care was taken to provide a uniform flow 
distribution to each channel through the use of deflectors at each inlet, and 
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0.051 cm (0.020-in.) deep metering slots for pressure drop control upstream of 
each channel. Tapered ribs provide a uniform coolant flow at the slot exit. 
Electrical discharge machining was used to fabricate the unit. The internal 
design is similar to the thin slot design described for Test Setup 101. A 
closeup view of the injection slot is shown in Figure BIO. 

30°-2R Subsonic Test Section 


The 30°-2R subsonic test section is also depicted in Figure B2 (-9 
configuration). The design of this component is identical to the 30°-lR test 
section design except for the turn radii at the throat and start of convergence 
which are twice the radii of the 30°-lR design. The material was stainless 
steel. The final wall thickness was 0.051-0.053 cm (0.020-0.021-in.). Thermo- 
couple locations are indicated in Table BI. 

3. Test Setups 10 3A and 10 3B 

The test components for this test setup consisted of: 

(a) the thick slot subsonic injector (see Test Setup 102), 

(b) the 15°-2R subsonic test section, 

(c) the cylindrical supersonic injector, and 

(d) the cylindrical supersonic test section. 

A sketch of Test Setups 103A and 103B is shown in Figure Bll and a photograph 
of the assembled components is shown in Figure B12. 

15°-2R Subsonic Test Section 


The 15°-2R subsonic test section design is shown as the -11 configuration 
on Figure B2. In the subsonic region, the design is similar to the 30°-2R design 
except that the convergence angle is 15°. The nozzle contour downstream of the 
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throat was designed to produce uniform core gas flow with M = 2.5 at the super- 
sonic film coolant injection point. The final wall thickness was 0.0635 cm 
(0.025-in.). Thermocouple locations are noted in Table BI. 

Cylindrical Supersonic Film Coolant Injector 

The design of the cylindrical supersonic injector is shown in Figures B13, 
B14, and B15. A 0.051 cm (0.020-in.) slot height was chosen for the supersonic 
film coolant injectors. This value was chosen by considering two factors: 

(1) the relative proportions of "lip" thickness and slot height (the "lip" is 
the wall thickness which separates film coolant and core gas streams just up- 
stream of the film coolant injection point), and (2) the length required in the 
constant Mach number test section to measure an adiabatic wall temperature 
increase of about 370°K (200°F). Practical fabrication considerations indicated 
a minimum lip thickness of about 0.051 cm (0.020-in.) and it was felt that the 
film coolant slot should be at least as thick as the lip. 

A nozzle area ratio of 1.5 was chosen for the supersonic film coolant 
injector nozzles (shown in Figure B15). This is about the minimum value con- 
sistent with the desire to provide uniform outlet Mach number for the anticipated 
fabrication tolerances. The corresponding nominal outlet Mach number is 1.86. 

The injection nozzle contour was based upon the supersonic film cooling injector 
nozzles successfully tested at ALRC and reported in Reference 2. 

Cylindrical Supersonic Test Section 

The cylindrical supersonic test section design is shown in Figure B16 and 
the thermocouple locations are listed in Table Bl. The final wall thickness 
was 0.051 cm (0.020-in.). The design core flow Mach number at the test section 
inlet was 2.5. The design goal for this unit was to maintain a nearly constant 
core flow Mach number. A cylindrical contour was chosen for the test section in 
order to simplify fabrication. Static pressure measurements indicated that the 
core Mach number at the downstream end of the test section ranged from 2.44 
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(no supersonic injection) to 2.23 (supersonic injection) at pressure ratio of 
2.0. This variation is considered acceptable. The cylindrical supersonic test 
section was designed to discharge directly to the atmosphere since at the nominal 
chamber pressure of 250 psia, the flow leaving the test section had expanded to 
about atmospheric pressure. 

Selection of the test section length was based on ALRC supersonic film 
cooling data (Ref. 2), since these data were obtained with a similar injection 
slot geometry. Several methods of generalizing these results for application to 
different velocity and mass velocity ratios were investigated, as shown by the 
predicted adiabatic wall temperature distributions of Figure B17 for hydrogen 
film cooling. The curve on the left uses the ALRC data in the form of entrain- 
ment fraction vs axial distance; since the selected slot height (S ) is in the 

c 

range of the Reference 2 slot, this is equivalent to correlating entrainment 
fraction with X/S c . The curve on the right is based on the correlation para- 
meter of Reference 10, while the central curve is based on al alternate correla- 
tion parameter which includes the mass velocity ratio with an exponent of unity 
instead of 0.8 and which discards some questionable ALRC data. The adiabatic 
wall temperature distributions shown on Figure B17 are based on pressure matching 
using a coolant injector nozzle area ratio of 1.5. 

A wall temperature change of about 370°K (200°F) was considered desirable; 
a smaller value compromises the accuracy of the temperature distribution measure- 
ment, while a larger value results in too much effectiveness data below the range 
of interest for rocket engine applications. For this temperature change. Figure 
B17 indicates an X/S^ of 175 for the entrainment fraction correlation and 440 for 
the more realistic of the two effectiveness correlations. A design value of 400 
was selected to assure an adequate length for the test section, and the combina- 
tion of 0.051 cm (0.020-in.) slot height and 20.4 cm (8-in.) test section length 
was chosen as a good design compromise which maintained reasonable slot height 
and length values. 
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4. Test Setups 10 4 A and 10 4B 

The test components consisted of: 

(a) the thin slot subsonic injector (see Test Setup 101), 

(b) the 15°-2R subsonic test section (see Test Setups 103A 
and 103B) , 

(c) the cylindrical supersonic injector (see Test Setups 103A 
and 103B) , and 

(d) the cylindrical supersonic test section (see Test Setups 
10 3 A and 103B) . 

A photograph of Test Setups 104A and 104B is shown in Figure B18. 

5 . Test Setups 10 5 A and 10 5B 

The components which comprised this test assembly were: 

(a) a conical subsonic test section, 

(b) a conical subsonic film coolant injector, 

(c) a conical supersonic test section, 

(d) a conical supersonic film coolant injector, and 

(e) a cylindrical diffuser tube. 

A sketch of the Test Setups 105A and 105B assembly is shown in Figure B19 and a 
photograph of the test setup mounted on the film cooling test system is shown as 
Figure B20. 


Conical Subsonic Test Section 


To provide data relative to the effects of acceleration without turning, 
the design of the conical chamber fabricated on Contract NAS 3-14343 was modified 
to eliminate the short cylindrical section on its upstream end (during the pre- 
vious tests, this test section was tested with the thick slot subsonic injector 
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Conical Supersonic Film Coolant Injector 

The conical supersonic film coolant injector design is shown in Figure B26. 
This design was established by projecting the cylindrical supersonic design onto 
the cone angle defined by the conical supersonic test section. 

Cylindrical Diffuser Tube 

The conical supersonic test section was designed to discharge into a 
straight duct diffuser consisting of a moderate length cylinder (L/D ratio « 12) 
which is attached directly to the exit of the test section. The diffuser was 
required in order to maintain attached, shock-free flow in the conical super- 
sonic test section. The diffuser tube design, based on the data of Reference 17, 
is shown in Figure B27. 

B. FILM COOLING TEST SYSTEM 

A schematic diagram of the film cooling test system is shown as 
Figure B28. This system is basically the same as the NAS 3-14343 system 
(Ref. 1) except that a supersonic film coolant circuit was incorporated. 
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TABLE BI 


THERMOCOUPLE POSITIONS 

Integer Values Given are Thermocouple Numbers 
Z = Axial Position from Injection Point 


Part 1; Test Setup 101 

Thin Slot Suhsontc Film Coolant Injector 
30°-lR Subsonic Test Section 
N 2 Inlets at 120° and 30Q° 


Position, CW Degrees from Vertical 



i 


t 


0° 

90° 

180° 

270° 

z/s c 


1 


2 


37.5 


3 


4 


96.7 


5 




143.3 


7 


8 


190. 


9 


10 


230. 

(End of Cylinder) 

11 


12 


253.3 

(End of Turn) 

13 

25 

14 

26 

280. 

(Start of Throat Turn) 

15 


16 


290. 

(Throat) 

— 

27 

— 

28 

296.7 

(End of Throat Turn) 

17 




333.3 


Channel 

Rib 

Channel 

Rib 



Centerline 


Centerline 






Part 2: Test Setup 102 




Thick 

Slot Subsonic 

Film Coolant 

Inj ector 


30°-2R Subsonic Test Section 


Position, CW Degrees from Vertical 


60° 

150° 

240° 

330° 

z/s r 


Inlet 


H Inlet 




(1) 

2 

(1) 

1 

13.3 



4 


3 

25 





5 

36.7 



8 


7 

48.3 



10 


9 

60 

(End of Cylinder) 


12 


11 

67.5 

(End of Turn) 

25 

14 

26 

13 

71.2 

(Start of Throat Turn) 


16 


15 

75.8 

(Throat) 

27 

— 

28 


77.8 

(End of Throat Turn) 




17 

85 


Rib 

Channel 

Rib 

Channel 




Centerline 


Centerline 




(1) Inlets to subsonic film coolant injector 
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Part 3: Teat Setup 103 

Thin Slot Subsonic Film Coolant Injector 
15°-2R Subsonic Test Section 

Cylindrical Supersonic Film Coolant Injector, Cylindrical Supersonic Test Section 


60° 
Inlet 
" ( 1 ) 


49 


Rib Between 
Channels 6 , 7 


Position, CW Degrees from Vertical 


150° 

240° 

330° 

Z/S c 



Ho 

Inlet 



15°-2R 

2 




Subsonic 

2 

(1) 

1 

12.2 

Test Sectioi 

4 


3 

23.8 



6 


5 

35.5 






47.2 



10 


9 

58.8 (End of cylinder) 


12 


11 

64.3 (End of Turn) 



14 

25 

13 

78.8 (Start of Throat Turn) 


16 


15 

81. (Throat) 



— 

27 


83. (End of Throat Turn) 


18 


17 

92.2 



20 


19 

105.5 



Channel 

Rib 

Channel 




Centerline 


Centerline 








Cylindrical 

32 


31 

30. 

Supersonic 





Test 

Sectic 

34 

50 

33 

55 . 





35 

92.5 



38 


37 

130. 



40 


39 

180. 





41 

230. 



44 


43 

280. 



46 



335. 



48 


47 

390. 



Channel 2 Rib Between Channel 11 




Centerline 

Channels 

Centerline 


1 



15,16 


(1) Inlets to subsonic film coolant injector. 

(2) H 2 inlets to cylindrical supersonic injector at 0° and 180 . 
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Part 4: Test Setup 104 

Thin Slot Subsonic Injector 

Cylindrical Supersonic Injector, Cylindrical Supersonic Test Section 


Position, CW Degrees from Vertical 


60° 

150° 200° 

240° 

330° 

z/s^ 




T 

10 




15°-2R (1 * 






Subsonic 


2 (Film Coolant 


1 

12.2 

Test Section 


Outlet Temp.) 



23.8 




6 


5 

35.5 






• 

47.2 



22 

10 

21 

9 

58.8 

(End of Cylinder) 



12 


11 

64.3 

(End of Turn) 



14 

25 

13 

78.8 

(Start of Throat Turn) 



16 


15 

81. 

(Throat) 




27 


83. 

(End of Throat Turn) 



20 


19 

105.5 










i Channel 

Rib Channel 

Channel 

Rib 




Centerline Centerline 

Centerline 










Cylindrical 


32 


31 

30. 

Supersonic 

49 

34 


33 

55. 

Test Se 

ction 




35 

92.5 




38 


37 

130. 



51 

40 


39 

180. 




42 


41 

230. 




44 


43 

280. 






45 

335. 




48 


47 

390. 



Rib Between 

Channel 2 


Channel 11 




Channels 

Centerline 


Centerline 





6, 7 


(1) Nj inlets to subsonic film coolant injector at 120® and 300°. 

(2) inlets to supersonic film coolant injector at 0° and 180°. 
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Part 5: Test Setup 105 

Thin Slot Conical Subsonic Injector, Conical Subsonic Test Section 
Conical Supersonic Injector, Conical Supersonic Test Section 


30° 40° 

Position, CW Degrees from Vertical 
90° 120° 210° 300° 

Z/S 

c 

1 


Inlet 

2 

«2 

Inlet 

8.83 

3 


13 

4 


14 

18.8 

5 



6 



28.8 

7 


15 

8 


16 

38.8 

9 



10 



48.8 

11 


17 

12 


18 

58.8 

Channel 5 


Channel 

11 Channel 

14 

Channel 10 


Note: All above thermocouples approximately half-way between 

centerline. 

rib i 



Inlet 


H 2 

Inlet 


31 

21 

32 




33.5 

33 

22 

34 




56. 

35 

23 

36 




78.5 

37 

24 

38 




101. 

39 

25 

40 




123. 

Near CL 
Channel 
5 

Rib Between 
Channels 
2, 3 

Near CL 
Channel 
1 







Part 6: 

Test Setup 

106 




Conical 
Subsonic 
Test Sectio 


Conical 
Supersonic 
Test Sectic 


Slot Conical Supersonic Injector 
Conical Supersonic Test Section 



Position, CW Degrees from 

Vertical 

0 

O 

90° 

120° 300° 

z/ s c 



Inlet N 2 Inlet 


31 

21 

32 

33.5 

33 

22 

34 

56. 

35 

23 

36 

78.5 

37 

24 

38 

101. 

39 

25 

40 

123.5 

Near CL 

Rib Between 

Near CL 


Channel 

Channels 

Channel 


5 

2, 3 

1 
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TEST SETUP 102 


\ 

FIGURE B-l. SKETCHES OF HARDWARE ASSEMBLIES FOR TESTS IOL AND 102 









FIGURE B2. CYLINDRICAL SUBSONIC TEST SECTION DESIONS, ALRC P/N 1102741 (Shoot 
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Figure B-6. Inner Ring - Thin Slot Film Coolant Iniec 





Figure B-7. Oute 






Figure B-9 . Test Setup 102 Mounted on Film Cooling Test System 
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Test Setup 103A,B Mounted on Film Cooling Test System 
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FIGURE B 1 5 - NOZZLE DESIGN FOR THE CYLINDRICAL SUPERSONIC FILM COOLANT INJECTOR, 





FIGURE B16. CYLINDRICAL SUPERSONIC TEST SECTION DESIGN 







k = entrainment fraction X -= Distance from Injection Point 

= effectiveness S^= Injector Slot Height 

m = film coolant- to-core gas mass velocity ratio 

FIGURE B17 PRETEST ESTIMATES OF ADIABATIC WALL TEMPERATURES FOR THE CYLINDRICAL 
SUPERSONIC TEST SECTION, HYDROGEN FILM COOLING 
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FIGURE B19. SKETCH OF TEST SETUP 105A, B and 106 



Figure B-20. Test Setup 105A,B Mounted on Film Cooling Test Syst 
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FIGURE B22. CONICAL SUBSONIC INJECTOR ASSEMBLY, ALRC P/N 1162726 










FIGURE B25. CONICAL SUPERSONIC TEST SECTION 














FIGURE B26. CONICAL SUPERSONIC INJECTOR DESIGN 
















FIGURE B27. DIFFUSER TUBE DESIGN 
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FIGURE B28. FILM COOLING TEST SYSTEM 
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Appendix C 


Cold flow tests of the cylindrical supersonic, conical subsonic, and 
conical supersonic injectors were conducted. The results are summarized in 
this appendix. The tests were performed by flowing ambient temperature N 2 
through the injection circuit to ambient pressure. There was no core flow. 

Film cooling test flow conditions were simulated as close as possible. A 
tabulated summary of the cold flow results is given in Table X. 

A. SUPERSONIC INJECTORS 

Two key cold flow measurements were made on the supersonic injec- 
tors: (1) total pressure upstream of the throat, and (2) total pressure at 

the nozzle exit. Both measurements were made with a 0.010-in. diameter probe 
oriented parallel to the flow and pointed upstream. The exit pressure measure- 
ment was assumed downstream of a normal shock. These measurements indicated 
circumferential flow distribution and injection Mach number. (The supersonic 
Injectors are shown in Figures B15 and B26.) 

The cylindrical supersonic results indicate that the total pres- 
sure measured upstream of the throat within each injection channel was uni- 
form within 1.6%. The fabrication tolerances on this part were such that a 
throat area variation of + 2.5% could occur; consequently the indicated uni- 
formity of flow is + 4.1%. Similar reasoning for the conical supersonic 
injector yields a + 7% flow uniformity. 

Exit Mach number values were calculated from normal shock tables 
assuming a normal shock occurs at the probe inlet when the probe is positioned 
in the supersonic stream at the injector nozzle outlet. The nominal exit Mach 
number is 1.86; however, fabrication tolerances are such that outlet Mach num- 
bers ranging from 1.81 to 1.94 can occur at the film cooling nozzle exit in the 
cylindrical supersonic injector. This range is in reasonable agreement with 
the values determined experimentally which range from 1.83 to 2.06 for the 
cylindrical supersonic film coolant injector and 1.74 to 2.01 for the conical 
supersonic film coolant injector. The average outlet Mach numbers are 1.91 
and 1.88. The static pressure ratios reported in Section V are based on these 
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average Mach numbers and the nozzle value indicated for the film coolant 
nozzles by the cold flow data (0.89 for both supersonic film coolant 
injectors) . 


B. CONICAL SUBSONIC INJECTOR 

The capability of the conical subsonic injector manifold design to 
provide an acceptable circumferential flow distribution was demonstrated during 
cold flow tests on Contract NAS 3-14383 with the thick slot subsonic injector. 
This capability was again verified during the cold flow tests on the conical 
subsonic injector. Velocity head measurements were made at the midpoint of 
each channel at the coolant slot exit using a 0.0761 cm (0.030-in.) diameter 
probe. The measurements agree within about + 10%. Fabrication tolerances 
allow a + 4% variation in channel flow area, therefore, the flow uniformity 
is + 14%. 
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1. ENGLISH LETTERS 


A/A 

T 

c 


C 

g 

D 

F 

FFC 

G 

h 

h 

8 

H 

H 

o 

k 

k 

o 


k 

m 

L' 

m 

M 

MR 

MW 

n 

P 

P 

o 

Pr 

q/A 

r 

R 


R 

c 


Thrust chamber area ratio 
Elemental hydrogen mass fraction 
Specific heat 

Heat transfer correlation coefficient 
Chamber or nozzle flow diameter 
Thrust 

Fraction of fuel used as film coolant 
Axial mass velocity based on total flow 
Step height (slot height plus lip thickness) 
Gas-side convective heat transfer coefficient 
Static enthalpy 
Total enthalpy 
Entrainment fraction 

Laboratory entrainment fraction for straight, 
unaccelerated flow with continuous slot 
injection 

Entrainment fraction multiplier; k' is for n = 0 

m 

Combustion chamber axial length 

Mass velocity ratio, p u /p u 

Mach Number 

Mixture ratio 

Molecular weight 

Acceleration exponent 

Static pressure 

Total pressure 

Prandtl number 

Heat flux 

Local chamber or nozzle radius 

Radius or curvature; positive when the wall turns 
into the flow 

Thrust chamber radius at main injector location 
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1, English Letters (cont.) 


2 . 


Re 

c 

R6 D 


R 

R 


t 

th 


s 



GREEK LETTERS 


Coolant Reynolds number based on slot height, P C |J C S C / 1J C 
Overall Reynolds number, p ^ GD/p^y^^ 

Throat radius 

Thermal resistance 

Mixing layer thickness 

Coolant slot height 

Initial mixing layer thickness 

Stanton number = hg/G 

Time 

Static temperature 
Total temperature 
Gas side wall temperature 
Axial velocity 

Effective velocity for recovery term, Equation (3) 
Velocity Mixing Function, defined by Equation (18) 

Total flow rate 
Film coolant flow rate 
Entrainment flow rate 

Contour distance from the film coolant injection point 
Contour integral defined by Equation (14) 

Value of x when k is unity 

Distance in direction perpendicular to wall 
Distance along test section axis 


a Angle between the nozzle centerline and the wall tangent 

n Film cooling effectiveness, defined by Equation (1) 

0 Enthalpy and elemental mass fraction profile shape 

factor for the mixing layer 

p Viscosity 

p Density; p is defined as 0.5 (p + P w ) 

(|> Ratio of two-dimensional to one-dimensional mass velocity 
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3. 

SUBSCRIPTS 



o 

Film coolant injection location (except H , T , k ) 

o o* o 


aw 

Adiabatic wall condition 


b 

Bulk value for the mixing layer 


c 

Coolant inlet 


e 

Mainstream or core 


ref 

Gas composition at the wall at the reference temperature 


V 

Edge of the viscous sublayer 


w 

At the chamber wall 
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